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GUIDE TO THE USE OF THIS MONOGRAPH 

The purpose of this monograph is to organize and present, for effective use in space vehicle devel- 
opment, the significant experience and knowledge accumulated in development and operational 
programs to date. It reviews and assesses current design practices, and from them establishes firm 
guidance for achieving greater consistency in design, increased reliability in the end product, and 
greater efficiency in the design effort. The monograph is organized into three major sections that 
are preceded by a brief Introduction and complemented by a set of References. 


The State of the Art , section 2, reviews and discusses the total design problem, and identifies 
which design elements are involved in successful designs. It describes succinctly the current tech- 
nology pertaining to these elements, When detailed information is required, the best available 
references are cited. This section serves as a survey of the subject that provides background 
material and prepares a proper technological base for the Design Criteria and Recommended 
Practices. 


The Design Criteria , shown in section 3, state clearly and briefly what rule, guide, limitation, or 
standard must be imposed on each essential design element to insure successful design. The 
Design Criteria can serve effectively as a checklist for the project manager to use in guiding a 
design or in assessing its adequacy. 


The Recommended Practices , as shown in section 4, state how to satisfy each of the criteria. When- 
ever possible, the best procedure is described; when this cannot be done concisely, appropriate 
references are provided. The Recommended Practices , in conjunction with the Design Criteria , 
provide positive guidance to the practicing designer on how to achieve successful design. 


The design criteria monograph is not intended to be a design handbook, a set of specifications, or 
a design manual. It is a summary and a systematic ordering of the large and loosely organized 
body of existing successful design techniques and practices. Its value and its merit should be 
judged on how effectively it makes that material available to and useful to the user. 
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FOREWORD 


NASA experience has indicated a need for uniform criteria for the design of space vehicles. 
Accordingly, criteria are being developed in the following areas of technology: 


Environment 

Structures 

Guidance and Control 
Chemical Propulsion 


Individual components of this work will be issued as separate monographs as soon as they are 
completed. This document, Space Vehicle Gyroscope Sensor Applications , is one such monograph. 
A list of all published monographs in the series can be found on the last pages of this document. 


These monographs are to be regarded as guides to design and not as NASA requirements, except 
as may be specified in formal project specifications. It is expected, however, that the criteria 
sections of these documents, revised as experience may indicate to be desirable, eventually will 
be uniformly applied to the design of NASA space vehicles. 


This monograph was prepared for NASA under the cognizance of the Jet Propulsion Laboratory, 
California Institute of Technology. Principal contributors were Mr. William C. Hoffman of Aero- 
space Systems, Inc., Dr. Walter M. Hollister of the Massachusetts Institute of Technology, and 
Mr. John R. Mott of Northrop Electronics Division. The program manager was Mr. John Zvara 
of Aerospace Systems, Inc. 


The effort was guided by an advisory panel which was chaired by Prof. Walter Wrigley of MIT. 
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General Electric, Valley Forge 
Lockheed, Sunnyvale, Calif. 
Jet Propulsion Laboratory 
Honeywell, Minneapolis 
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H, Schulien 
W. Talbott 
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F. H. Zen gel 


Bendix, Navigation and Control 
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Delco Electronics 
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Contributions in the form of design and development practices were also provided by many other 
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Aeronautics and Space Administration, Office of Advanced Research and Technology (Code RE) 
Washington, D.C. 20546. 
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SPACE VEHICLE GYROSCOPE 
SENSOR APPLICATIONS 

1. INTRODUCTION 

Gyroscopes (or gyros) have been developed and used on a variety of space vehicles to provide 
information on the attitude or angular velocity of the vehicle or an inertial platform with respect 
to a reference coordinate system. Spaceborne gyro applications can be conveniently categorized 
by their information bandwidth requirements: 

(1) Guidance and navigation (very low frequency) 

(2) Attitude reference and stabilization (near vehicle natural frequency) 

(3) Tracking and pointing (very high frequency) 

(4) Flight data analysis. 


Gyro technology was adapted from aircraft to launch vehicles to provide attitude reference and 
stabilization as part of the autopilot. As their performance and reliability improved, gyros became 
suitable for use in space vehicle guidance and navigation systems, where they establish the inertial 
reference frame in which vehicle motions are measured. More recently, gyros have been employed 
for tracking and pointing of space vehicle experiments and/or communications antennas. Finally, 
spaceborne gyroscopes have been widely used to monitor vehicle motions during flight and pro- 
vide telemetry information for postflight data analysis. Although this last function has generally 
been a secondary reason for gyro use, it often has proven extremely valuable, particularly on 
early developmental flights. 


The gyroscopes are key elements in any of the aforementioned real-time applications. As a result, 
the performance of the associated space vehicle system is strongly dependent upon the perfor- 
mance of the gyros. It is therefore essential that the gyroscope package be designed consistent 
with the mission requirements in order to provide the required information, accuracy and relia- 
bility. Failure to do so may result in degradation of mission performance or, in the extreme, 
total mission failure. Thus the program manager must be aware of the capabilities and the limita- 
tions of gyros and the design tradeoffs which might affect his application. 


Important factors which influence the design and selection of gyroscopes for space vehicle systems 
include: 

(1) Configuration (strapdown or stable platform mounted) 

(2) Interface requirements for other vehicle subsystems 

(3) Performance (accuracy, drift rate, resolution, dynamics, etc.) 
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(4) Reliability (MTBF, redundancy, etc.) 

(5) Lifetime (shelf life, operating life, testing duration, duty cycle, etc.) 

(6) Environment (acceleration, vibration, thermal, magnetic, radiation) 

(7) Cost (money, weight, volume, power, time) 

(8) Ease of test and checkout 

(9) History (experience of gyro and manufacturer, production status, etc.). 

The design and selection of the gyro is constrained by the mission requirements as well as trade- 
offs among the above factors. 


This monograph discusses considerations which form the basis for the specification, design and 
evaluation of gyroscopes for spacebornc sensor applications. The applications are distinguished 
in this monograph by basic vehicle category: launch vehicles, spacecraft, entry vehicles and 
sounding rockets. Specifically excluded from discussion are gyroscope effector applications, i.e., 
control moment gyros. Exotic or unconventional gyroscopes for which operational experience is 
nonexistent are mentioned only briefly to alert the reader of future trends. General requirements 
for testing and evaluation arc discussed, but details of gyro testing are omitted. Physical design 
of the gyroscope and the construction details are also outside the scope of this document. 

A related document, now in preparation, is titled Space Vehicle Accelerometer Applications. 
These two related documents describe the applications of inertial sensors in today’s space vehicles. 


2. STATE OF THE ART 

Gyro technology and the application of gyros to space vehicle systems have advanced rapidly 
in the past Id years. The number of gyros required for most space* vehicle applications is usually 
small compared to the quantity produced for military and other applications. Consequently, most 
of the gyros used in space vehicles have been adapted from gyros developed for these other 
applications. 


In order to select the* proper gyro for a particular space vehicle application, it is essential that 
the system designer have a basic knowledge of gyro principles. Several textbooks are available 
covering the theoretical principles of gyroscopes (refs. 1—4). The Standard Gyro Terminology 
(ref. 5) defines the characteristics of gyros in terms of general definitions and of operational 
performance characteristics. 
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2.1 Gyroscope Purpose and Functions 

Gyroscopes serve two major purpose's: 

(1) To establish an inertial reference coordinate frame 

(2) To measure angular rotation (position, rate) of the space vehicle about the reference axes. 


The inertial coordinate frame may lx* used as a reference for stabilization of the vehicle’s attitude 
or attitude rate, or it may be used to establish a reference for the purpose of onboard navigation. 
The orientation of a fixed reference frame relative to the current position of each gyro spin axis 
may be established externally, most frequently in a digital computer, even though the spin axes 
are intentionally reoriented. 


Gyros are operated in two fundamental modes. A free (displacement) gyro measures rotation of 
the gyro case with respect to space by sensing the output angle(s) between the gyro element and 
the case. A “captured” gyro is operated so that the output angle between the gyro element and 
the gyro case is kept near null. This is accomplished either by torquing the gyro element so 
that it rotates with respect to space or by using a servo followup which causes the structure that 
supports the gyro case to rotate with respect to space. The inertial angular velocity of the 
supporting structure is determined by measuring the magnitude of the torque applied to the 
gyro element and dividing by the spin angular momentum of the gyro. In summary, the informa- 
tion from a displacement gyro comes from an angle measurement, while the information from 
a captured gyro is the 1 result of a torque measurement. 


Gyro applications may be categorized by the frequency spectrum of the angular motion to which 
the gyro responds. Typical values are shown in table 1. 


2.1.1 Guidance and Navigation (Low Frequency) 

The principles of inertial navigation are well-covered in references 6-9. Gyros are used to establish 
the coordinate frame' in which inertial accelerations are measured and must be accurate to very 
low rates. Gyro drifts of the order of 0.015 deg/hr lead to navigation velocity errors of the order 
of one knot. Gyros have* been used to provide an inertial reference for guidance and navigation 
of numerous launch vehicles, spacecraft and entry vehicles. 

2.1.2 Stabilization and Control (Near Vehicle 
Natural Frequency) 

Gyros used in autopilots and for rate* damping are required to sense higher angular rates but 
do not need as high accuracy as the inertial grade gyros, nor do they need to bo as sensitive to 
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TABLE 1. — Gyro Applications 


Application 

Gyro Types' 1 

Frequency Range 

Tor< pi in g Rate 

Drift Rate 

Guidance and 
navigation 

2DF 

SDF-RI 

Platform, 

0.001 to 1 Hz 
Strapdown, 

0.001 to 10 Hz 

Platform, 

50 deg/hr or less 
Strapdown, 

up to maximum 
vehicle rate 

0.05 deg /hr or 
better 

Stabilization and 
control 

SDF-rate 

SDF-RI 

2DF 

2DF-free 

0.1 to 10 Hz 

Up to maximum 
vehicle rate 

0. 1 to 50 deg/ hr 

Tracking and 
pointing 

SDF-rate 

2DF-free 

Up to 100 Hz 

Up to 4000 deg/sec 

0.1 to 10 deg/ min 

Flight data 
analysis 

All 

b 

b 

b 

a See Section 2.2. 
h As required. 


very low rates. They have been used for attitude reference on a large number of space vehicles 
and for attitude stabilization on nearly every actively controlled space vehicle. 

2.1.3 Tracking and Pointing (High Frequency) 

Tracking and pointing is a special capability required tor the stabilization and control of experi- 
ment packages or antennas on some space vehicles, particularly spacecraft and sounding rockets. 
Gyros may be used for this application in two principal ways. The first is rate-aided tracking, 
which utilizes a gyro to achieve a required rate output level and thus provide smooth motion for 
tracking. The second use is as a pointing reference or memory. Typical short-duration pointing 
applications include orienting the space vehicle to a desired attitude' reference then back to the 
gyro “memory” position and temporarily turning the vehicle precisely for velocity corrections. 
Longer “memory” examples are gyro reference of the Sun or other fixed space line when the 
vehicle is eclipsed by the earth or other body. The gyros are generally accurate in sensing 
high-frequency rotation but may be subject to low-frequency drift. 


2.1.4 Flight Data Analysis 

In addition to the real-time functions discussed above, gyro outputs are also used for analysis 
of flight data either inflight or postflight. Inflight observation of gyro outputs may be made by an 
onboard crew via displays or computer readout, as illustrated by the Mercury, Gemini and Apollo 
spacecraft and the X-I5 research vehicle. Inflight data from telemetry is often used by ground 
crews to verify the trajectory and to issue 4 guidance commands, as is done for many launch 
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vehicles and for the Apollo, Ranger, Mariner and Surveyor spacecraft. Inflight malfunctioning of 
a vehicle can also be detected and possibly corrected as noted by the OGO spacecraft experience. 


Postflight data analysis of gyro outputs allows verification of proper system functioning, permits 
reconstruction of vehicle attitude and rates at specific times such as during experiment operation, 
and provides a means of interpreting vehicle dynamic problems. Data is usually received by 
telemetry, although in some vehicles, such as the X-15 and the lifting bodies, data may be recorded 
onboard and returned to earth. 


2.2 Types of Gyroscopes 

Gyroscopes can be categorized as either single-degree-of-freedom (SDF) or two-degree-of -freedom 
(2DF). These classes can be further subdivided by the type of spin bearings used to support 
the gyro rotor. (The spin bearings should not be confused with bearings which support the gyro 
element.) Spin bearings are primarily of two types: preloaded ball bearings and gas bearings. 


2.2.1 Single-Degree-of-Freedom Gyros 

In the SDF gyro (fig. 1) the gyro element is free to rotate about only the output axis (OA). The 
input to the instrument is the angular velocity of the case about the input axis (IA). Various gimbal 
restraints apply torques to the gyro element to keep its spin axis (SA) closely aligned with the 
spin reference axis (SRA) of the ease. The output produced by the pickoff is proportional to 
the small angle that the gyro element makes with the case. 


2.2.1 .1 Rate Gyros (Mechanically Restrained) 

The mechanically restrained rate gyro (refs. 10, 11) was first used about 1920 as a basic indicator 
for instrument flying. It is a simple, rugged, inexpensive unit having relatively low precision. 
The gyro element is typically supported on ball bearings and depends on a mechanical spring 
for elastic restraint (fig. la). An input angular velocity develops a precession torque on the gyro 
element which is opposed by the spring. This creates an output angle that is proportional to the 
angular rate about the IA. The main sources of error are instability of the mechanical spring and 
output axis friction. 


2. 2. 1.2 Rate-Integrating Gyros 

These SDF gyros suspend the gyro element (or float) in a fluid which provides a viscous damping 
torque whenever the gyro element moves relative to the case (fig. lb). The flotation suspension 
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: TORQUER OR ELASTIC RESTRAINT MAY BE USED 
AND IS DEPENDENT ON APPLICATION 


Figure 1 .-(a) Essential elements of SDF gyro; (b) line schematic of SDF floated, rate-integrating gyi 


also reduces frictional restraints about the OA. The development of flotation is largely responsible 
for the orders of magnitude improvement in precision over nonfloated gyroscopes. 


A floated gyro uses a fluid whose density closely matches that of the gyro element. However, 
since the gyro element is perfectly floated at only one temperature, a heating jacket is usually 
mounted on the gyro case to maintain careful temperature control. In some designs magnetic 
or electrostatic suspension is used to compensate buoyancy errors and kinematic effects. 


The effect of the viscous damping torque is to make the output of the instrument proportional 
to the integral of the IA angular velocity. The pickoff measures the angular displacement of the 
float about its OA. A torquer is installed about the OA to command a calibrated rate. The ratio 
of the output angle to the input angular displacement is called the gain of the rate-integrating 
gyro. It is determined by the ratio of the spin angular momentum of the rotor to the damping 
coefficient of the flotation fluid. 


6 


Low Gain Gyros 


Heavily clamped gyros using flotation fluids of a few hundred centipoise (10 3 N • s/m") provide 
typical gains in the range from 0.1 to 50. The characteristic time constant of the gyro's response 
to an input is equal to the effective OA moment of inertia divided by the damping coefficient of 
the flotation fluid. The effective OA moment of inertia contains a correction for gimbal compliance 
or fluid pumping. High-viscosity fluids provide high damping restraint, fast response, and low 
gain. Damping is sometimes increased by applying paddle-damping or eddy current techniques. 
Typical characteristic time constants for low-gain gyroscopes range between 1 and 100 msec. 


High Gain Gyros 

For low-viscosity flotation fluids, the gyro gain is typically of the order of 100, and the charac- 
teristic time constant is approximately 100 msec. In hydrostatic SDF gyros, the float is supported 
both radially and axially by a pressurized gas bearing which is self-centering and does not require 
pivots, magnetic suspension or temperature controls. The gain of such gyros is as high as 10\ 
and the characteristic time constant is around 100 sec. Consequently, for angular motions above 
0.01 Hz, the very-high-gain gyro output is approximately the second integral of the input angular 
velocity, thus leading to the terms “double integrating’ and “unrestrained” gyros. 


2.2.2 Two-Degree-of-Freedom Gyros 

The 2DF gyroscope has a support which permits the spin axis to have two degrees of rotational 
freedom. This is historically the oldest type of gyro. 


2. 2. 2.1 Gimballed Gyros 

The gimballed 2DF gyro is supported with a gimbal (the outer gimbal) between the gyro element 
(the inner gimbal) and the case (fig. 2). Inputs to the 2DF gyro can be applied about both of 
the two axes perpendicular to the gyro SA. The outputs of the gyro are the two signals proportional 
to the angle which the* gyro element makes with the outer gimbal and the angle which the outer 
gimbal makes with the case. 


The most precise 2DF gyros are operated in the captured mode using a servo followup. The 
torquers are used to command angular rates about each of the two axes. Angular rates are propor- 
tional to the applied torque. One 2DF gimballed gyro thus acts similarly to two SDF rate- 
integrating gyros with unity gain. A 2DF “free” gyro is operated in the displacement mode with 
no constraint on the magnitude of the angles which the case can make relative to the SA. A free 
gyro is used to measure the case orientation relative to the SA directly, without a servo followup. 
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GYRO ELEMENT 



2. 2. 2. 2 Free-Rotor Gyros 

A free-rotor gyro is a 2DF gyro without gimbals. Other means such as flotation, gas bearings, 
electrostatic suspension or magnetic suspension are used to support the rotor (refs. 12-17). Usually, 
the gyro rotor is nearly spherical and is not mechanically restrained to rotate about a particular 
axis. All free-rotor gyros must have some means of either preventing or damping nutation (refs. 
18, 19). Many gyros of this type are kept running to minimize the number of starts and stops. 

2. 2. 2. 3 Tuned Rotor Gyros 

This 2DF gyro uses a rotating flexure suspension on one end of the drive shaft to support the 
rotor (refs. 20-22). This all-mechanical, nonfloated design is extremely simple and provides a sup- 
port free of rotational friction. The decoupling of the rotor from its drive shaft and support 
bearings gives the gyro very stable "-sensitive drift and inertial quality at relatively low cost. 
However, the instrument is very sensitive to inputs at the tuned frequency or its harmonics. 

2.3 Configurations 

Depending upon the application, gyros may be mounted on an inertially stable platform, directly 
on the space vehicle, or on some member that moves relative to the vehicle such as a telescope 
or tracker. These configurations often correspond with the gyro functions in Section 2.1 according 
to the frequency spectrum of the sensed rotational motion. 
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2.3.1 Stable-Platform-Mounted 

Gyros mounted on a stable platform or the stable element of an inertial measuring unit (IMU) 
are isolated from the angular rates of the space vehicle. The stable element is generally suspended 
by three or four gimbals to provide three degrees of rotational freedom. 


The typical application for this configuration is for an inertial measuring unit (IMU). Accelerom- 
eters are also mounted on the stable element and their outputs are integrated for inertial velocity 
and position information. At least three SDF, two 2DF, or one SDF and one 2DF are required 
for a complete inertial reference. 


The operation of an SDF gyro in a platform system is shown functionally in figure 3. Any error 
in the platform position rotates the gyro case about the IA; this produces a rotation of the float 
around the OA and develops an error signal at the pickoff. The gimbal servo loop then nulls this 
error by rotating the platform (and hence the gyro case) about the gyro IA. As a result, the plat- 
form is kept aligned with the desired reference frame. Vehicle attitude information is obtained 
from the platform gimbal angles. 



POSITION INFORMATION 

Figure 3.— Function of gyro in platform configuration. 
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2.3.2 Vehicle-Mounted (Strapdown) 

In a strapdown configuration the gyros are mounted directly on the vehicle. Gyros operating in 
the displacement mode give direct angular measures of the vehicle rotation. Alternatively, the 
gyros may be operated in the captured mode, in which case they are torqued at the rates required 
to keep up with the vehicle motion. The torquing rates thus provide direct measures of the vehicle 
rates. In a strapdown inertial reference system, the coordinate frame is stored in a computer, most 
often by using the torquing signals to update the direction cosine matrix. Strapdown systems are 
particularly well suited to many space vehicle applications because space vehicles do not have 
the high angular rates associated with airborne vehicles (refs. 23-29). However, strapdown sys- 
tems place a greater computational requirement on the computer than gimballed systems. 


The operation of a captured gyro in a strapdown system is shown functionally in figure 4. The 
gyro SA is kept aligned with its case by torquing the gyro. The torque commands are used to 
update the direction cosine matrix which defines the orientation of the vehicle relative to the 
reference coordinate system. 



INFORMATION 

Figure 4 -Function of gyro in strapdown configuration. 


2.3.3 Hybrid Systems 

An example of a hybrid system is one in which the gyroscopes are mounted on some member 
which moves relative to the vehicle, for example, a star tracker. The line-of-sight to the star 
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establishes the reference direction, but the gyroscope stabilizes tracking of the star by acting as 
a mechanical filter to eliminate high-frequency noise in the tracker. 


Another example of a hybrid system is one which uses one or more single-axis stable platforms 
to isolate the gyros from vehicle rotation. Each platform is stabilized with respect to space about 
only one axis by mounting the gyro input axis parallel to this axis and minimizing gyro input 
rates by means of a servo followup. The motion of the single-axis platform relative to the vehicle 
provides information on vehicle rotation about that axis. The accuracy in readout is shifted from 
calibrated torquer signals (in the case of strapdown gyros) to an encoder which reads the plat- 
form relative rotation. The negligible rate about the IA eliminates many dynamic errors present 
in classical strapdown gyros. 


In cases where most of the vehicle rotation is about one axis, such as a spin-stabilized sounding 
rocket, a single-axis roll-stabilized platform can isolate three SDF gyros from the spinning launch 
environment to provide a stable base for the strapdown pitch and yaw gyros. A computer pro- 
grammed to interface with the hybrid platform can provide either quaternion or direction cosine 
error signals to affect an attitude reference unit. 


2.4 Modes of Application 

Gyroscopes have been used in space vehicles in a number of different application modes, several 
of which are discussed below. 


2.4.1 Attitude Rate Control Using an SDF Rate Gyro 

The functional operation of a spring-restrained rate gyro used in an attitude rate autopilot is 
shown in figure 5. Turning rates about the gyro IA develop precessional torques which are 
opposed (balanced) by the spring restraint. The torque developed by the spring is proportional 


RATE 



Figure 5.-Attitude rate control with an SDF rate gyro. 
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to the output angle deflection and the spring rate of restraint. Thus the pickoff output is propor- 
tional to the input rate. The control system can maintain the commanded input rate by controlling 
the output signal of the rate gyro. To provide vehicle rate damping about the gyro IA, the 
control system attempts to keep the pickoff at null. 


2.4.2 Attitude Rate Control Using SDF Rate-Integrating 
Gyros With Signal Feedback 

Rate-integrating gyros can be operated in a rate mode by the addition of external, feedback 
circuitry. This technique can be used with any rate-integrating gyro and provides the most 
accurate type of inertial rate measurement. As shown in figure 6, the output signal of the gyro 
is fed back to the torquer with the proper phase so that the output angle is kept near null. 
When the gyro is pulse-torqued, the angular rate is proportional to the pulse rate and the 
number of pulses is proportional to the angular displacement (rate integral) about the IA. 


Some spacecraft attitude control systems have utilized rate integrating gyros in a rate mode 
in order to eliminate the requirement for heater power (ref. 30). By using the gyro in a rate 
mode, the changing gyro gain due to temperature variation only affects the dynamics of the 
feedback loop instead of the calibration of angle measurement. 



Figure 6.-Attitude rate control with an SDF rate-integrating gyro. 
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2.4.3 Attitude Stabilization With SDF 
Rate-Integrating Gyros 


The functional operation of an SDF rate-integrating gyro used in an attitude stabilization mode 
is shown in figure 7. The gyro is mounted directly on the vehicle, and the gyro output is nulled 
by rotating the vehicle. An attitude rate will continue as long as a command is applied to the 
torquer. With no input command, the vehicle maintains the orientation established by the 
gyro SA. 


ATTITUDE 

CHANGE OUTPUT 



Figure 7 -Attitude stabilization with an SDF rate-integrating gyro. 


2.4.4 Attitude Stabilization With 2DF Gyro 

The operation of a 2DF attitude gyro is similar for each axis to the SDF attitude gyro shown 
in figure 7. The gyro is mounted directly on the vehicle, and the attitude is measured directly 
from the gimbal angles. Vehicle motion around the inner and outer gimbal axes can be 
measured by the two pickoffs; drift corrections and commanded rates can be applied to the 
two torquers. This configuration can control two axes with one gyro unit, but it requires two 
units for three-axis stabilization (with one redundant axis). A 2DF gyro cannot easily provide 
rate control, thus requiring additional SDF rate gyros. 


2.5 Tradeoff Factors 

The selection of a particular gyro for a specific application involves a tradeoff study of the 
performance, reliability and cost of each available instrument. 
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2.5.1 Performance 


The performance of the highest-quality gyros has been improved over four orders of magnitude 
in two decades, even though the fundamental principle still involves a spinning wheel. The 
primary concern of gyro designers has been the elimination of torque uncertainty, which is the 
direct cause of gyro drift. Consequently, gyros are tested extensively to determine their per- 
formance characteristics, particularly drift stability, and to permit compensation for unbalances 
and disturbance torques. Important performance characteristics are discussed below. 


2. 5. 1.1 Precision 

Precision is a measure of the gyros ability to provide the same output each time the input 
conditions are exactly repeated. For most applications it is more important that the gyro be 
precise (i.e., that the measurements are repeatable) than that the gyro be accurate (i.e., that the 
gyro output indicate the true value of the desired measurement independent of disturbing 
inputs). The precision of a gyro is limited by the variation of its sensitivity to known disturbing 
inputs and by the random error, which cannot be predicted. The extensive testing required 
tends to associate high cost with high precision. 


2. 5. 1.2 Dynamic Range 

The dynamic range of a gyro is the ratio of the input range to the threshold (ref. 5). For an 
angle-measuring instrument it is determined by the largest and the smallest angular displacements 
which can be usefully detected. For rate-measuring gyros the dynamic range is the ratio of 
the maximum measurable rate to the lowest detectable rate. The dynamic range provides an 
indication of the error uncertainty as a fraction of the full-scale input. The dynamic range is 
limited by the type and cost of the gyro, so that the threshold sensitivity is traded against the 
maximum rate or angle for a given type of gyro. Typical values of the dynamic range for various 
gyro types are indicated in table 2. 

TABLE 2. — Typical Dynamic Range of Gyros 


Open-loop, spring-restrained gyro 8000:1 

Ball-bearing suspension, open-loop gyro 20 000: 1 

Dry, servoed gyro; ball-bearing gimbal mounts with feedback through torquer 40 000:1 

Floated gyro; non-temperature-eontrolled 100 000: 1 

Fully-floated, temperature-controlled, pulse captured strapdown gyro 10,000,000:1 


2. 5. 1.3 Drift Rate Uncertainty 

The drift rate uncertainty is the error in the gyro output due to all those effects which arc either 
unknown or reduced to an acceptable minimum level (e.g., flex lead spring restraint). Uncertain- 
ties in the gyro output are compared with other contributors to provide a total error budget and 
are traded against cost. 
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2. 5. 1.4 Stability 

Stability is one of the most important considerations for gyro applications. The stability of the 
gyro depends strongly on the nature of its disturbances. Some of the largest changes in the gyro 
performance occur from turnon to turnon. Thus there is some advantage to continuous operation 
of the gyro in the interest of stability. It also appears that there are optimum methods of storing 
gyros to insure the maximum stability. Although little data is available on this subject, the 
periodic turning of some gyros in storage is generally believed to improve stability. Storage at 
elevated temperatures as close to operating temperatures as possible apparently improves stability 
in some gyros. The subject of storage conditions vs improved stability is controversial since 
results appear to be random and do not always yield an improvement. 


2.5.1 .5 Scale Factor 

Gyro scale factor is the constant of proportionality between the mechanical input to the gyro 
and the magnitude of the output of the pickoff. Any error in the value of this number normally 
results in a proportional uncertainty in attitude or attitude rate measurement. Although the 
scale factor is extremely sensitive to absolute temperature changes as well as temperature 
gradients, this behavior can be accurately calibrated. 


Gyro scale factor should not be confused with command rate scale factor (CRSF) associated with 
closed loop operation of a gyroscope. Gyro scale factor is associated with the electrical output of 
the pickoff; CRSF is associated with the device (torquer) utilized to restrain the float to null 
in a closed loop operation. CRSF has units of rate per unit electrical input, e.g., deg/hr/m A. 
CRSF is an important characteristic of the gyro since any change, independent of scale factor, 
will have an effect on the overall control loop. For this reason, significant attention must be 
given to CRSF in both analog and digital closed loop operation. 


2. 5. 1.6 Linearity 

Ideally, the output of the gyro will be directly proportional to the mechanical input for any 
value between the minimum and maximum design inputs. However, this is not always the case 
since a number of factors affect this relationship. For example, gyro nonlinearities can arise 
from pickoff nonlinearities, tor (pier nonlinearities, temperature gradients and acceleration effects. 
These factors arc evaluated and controlled or compensated in any given design. 


2.5.1 .7 Output Noise 

The high-frequency component of the gyro output error is termed noise. The major source is 
the spin bearings. The use of gas bearings instead of ball bearings for the rotor support signifi- 
cantly alleviates the problem, providing low output noise at high frequency. Output noise 
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becomes a significant consideration in pulse rebalance closed loop operation since spurious pulses 
may result in an accumulating bias error due to unequal plus and minus pulse scale factors and 
short sampling periods. 


2. 5. 1.8 Temperature 

Temperature control is extremely important for precision in floated gyro instruments (refs. 31-33). 
Most of the gyro parameters are temperature- or temperature-gradient-sensitive. An unwanted 
temperature gradient across a floated gyro may introduce an acceleration-sensitive torque on the 
gyro which leads to output error. Where required for adequate performance, the gyro temperature 
is controlled by heaters. Since heat can only be added, the gyro set point is necessarily above the 
system ambient temperature. Typical specifications of temperature control for gyros floated with 
fluorolube limit excursions to less than 0.1 °C. Newer silicone fluids are being used with 1-2°C 
temperature excursions, which may allow the gyros to be operated without controlled heaters. 
Non-floatcd gyros are less temperature sensitive and exhibit drift rate uncertainties as low as 
0.05 deg/hr over a 30 C° temperature range. 


2.5.1 .9 Anisoelasticity 

When the gyro support compliance is not identical in all directions, the gyro does not yield in 
the same direction as the applied acceleration. This creates a moment arm proportional to the 
acceleration, which results in a torque proportional to the square of the acceleration (g 2 ). This 
sensitivity to g 2 is important for applications in high acceleration or vibration fields (ref. 34). The 
g 2 error due to vibration grows with time because the error has the same sign during both halves 
of a vibration cycle. 


2.5.1 .1 0 Anisoinertia 

When the gyro element has unequal principal moments of inertia, there is an apparent torque 
about one principal axis due to simultaneous angular velocities about the other two. This gives 
rise to an error that is proportional to the product of angular velocity components. It is only 
serious when the gyro is subject to high angular rates, primarilv in strapdown applications 
(ref. 35). 


2.5.1.11 Coning 

Coning is a physical phenomenon associated with the use of SDF gyros. When the axis of a body 
moves in a cone about the same average orientation, the average angular velocity about the coning 
is nonzero. An SDF gyro with IA placed along a coning axis correctly senses the average angular 
velocity, which the system may falsely integrate into an average rotation. This problem is not an 
erroneous output from the gyro but is that the cross axis gyro servo loop does not have 
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sufficient bandwidth. Coning problems arc usually minimized by tight servo loops on platform 
systems and by high bandwidth computation and fine quantization with strapdown systems 
(refs. 4, 36). 


2.5.1 .1 2 Error Models 

Major gyro error contributors are error torques, scale factor errors, linear acceleration 
sensitivities, misalignments, and sensitivities to temperature and power variations. A number of 
sophisticated error models have been developed to apportion the effects of these disturbances 
both singly and in combination (refs. 11, 37, 38). The models are used to predict errors expected 
and to assign values to the error coefficients of the gyro for error correction in flight. They are 
verified for the selected gyro operating in any particular system application; ensemble compensa- 
tion is often used if the gyros come from a family having well-known (repeatable) errors. 


There have also been a number of attempts at the statistical modelling of gyro errors (e.g., ref. 39). 
While this approach may be useful for application to optimal filtering, the majority of gyro errors 
are caused by physical phenomena and are therefore of a deterministic rather than random nature. 
The practical tradeoff comes in the amount of measurement and computation for gyro error 
correction which must be performed in order to meet the error budget. 


2.5.2 Reliability 

Reliability is the probability that a gyro will meet the specified performance requirements under 
the specified environmental conditions throughout a specified operating or storage life (ref. 5). 
Reliability is one of the most important factors considered in the choice of a gyroscope for space 
vehicle applications, but the decision is a difficult trade-off between older technology for which 
reliability information is available* and newer technology that offers potential advantages. Reliability 
predictions made without past history are themselves unreliable. Furthermore, the reliability of 
the instrument usually becomes associated with that of the manufacturer as regards meeting of 
delivery schedules, quality control, cost overruns, etc. 


From the reliability standpoint, the best gyro is one which is in production in large quantities 
and which has an established history of data on its performance and its failure modes. It should 
also have been through service changes to correct any problems brought out by the failure data. 
Several important reliability considerations are discussed below. 


2.5.2. 1 Mean Time Between Failure 

The mean time between failures (MTBF) is the most widely accepted measure of reliability, 
but care must be taken to qualify the conditions under which the MTBF is established. It is also 
important to specify which failures are included. A failure is generally defined as any out-of- 
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specification condition which renders the gyroscope unacceptable for its intended application. 
If a sufficiently large sample of gyros is available, the MTBF can be estimated by dividing the 
total number of operating hours by the total number of failures. For a small number of failure's 
a lower confidence limit for an MTBF can also be' computed. 


2.5. 2. 2 Life 

The life of a gyro is a function of how the gyro is used. The major element in determining the 
gyro life is the spin motor bearing. The typical failure mode for a gas bearing is that the friction 
in the bearing becomes too large for the starting torque of the spin motor to overcome, and the 
wheel fails to start. Consequently, there is a tendency to keep the gas-bearing wheel spinning 
continuously. In ball-bearing gyros, the most common failure modes are excessively noisy bear- 
ings and motors which will not run synchronously. 


The common life characteristic for a production run of gyros is typically described by the 
“bathtub curve” shown in figure 8 (ref. 40). During the debugging period the failure rate is high 
because of the failure of marginal parts and infant mortality. These faults are detected and 
corrected during burn-in operation, causing the failure rate to decrease. During the normal oper- 
ating life of the gyros, the probability of a failure during a given time interval is essentially 
independent of the age of the gyro. In the final period, parts begin to wear out from usage and 
the failure rate increases with time. The plot is intended to be a smoothed curve which requires 
considerable failure rate data. The objective of the system manager is to estimate the time of the 
break points and minimize the risk by having the mission occur during the flat portion of the curve. 


CUSTOMER END OF 

ACCEPTANCE PREDICTED LIFE 

I i 



Figure 8-Cornmon gyro life characteristic curve. 
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2. 5. 2. 3 Environment 


The operating conditions may have an important influence on the gyro reliability. The following 
observations are typical: 

(1) Excessive acceleration, shock or vibration will reduce gyro life. 

(2) High temperatures or high-temperature gradients across the gyro can be deleterious to 
performance and mechanical integrity. 

(3) Magnetic shielding is frequently required to protect the gyro from external fields, or 
occasionally to contain the field produced by the gyro itself. 

(4) Radiation hardening is needed for some applications. Difficulties are often encountered in 
verifying the radiation tolerance since radiation requirements are not presently well- 
established. 

(5) Human blunders occasionally cause gyro damage; e.g., spinning a gas-bearing gyro back- 
wards can ruin the bearing. A phase-order detection circuit improves reliability by pro- 
tecting against such a possibility. 


2. 5. 2. 4 Redundancy 

To provide increased reliability, redundant instruments or redundant systems are often used. 
With double redundancy a major problem is the inability to detect the faulty unit without addi- 
tional information. Consequently, triple redundancy is frequently used with majority voting logic 
for isolating the failed unit. Although three SDF gyros are needed to detect angular velocity about 
three orthogonal directions, redundant gyros for these three may be shared geometrically by 
properly orienting the gyro input axes. Four gyros provide one spare; five gyros allow voting to 
isolate one failed unit; six gyros allow voting to isolate two failures, etc. 


However, the use of redundancy does have its drawbacks. For example, if a redundant gyro is 
nonoperative for prolonged periods of time, startup problems may be encountered. On the other 
hand, a power drain is imposed to operate 1 a redundant gyro continuously. If the redundant unit 
is “exercised” periodically, switching mechanisms are required and intermittent power inputs must 
be? provided for. The system weight is increased by redundancy and, if more than one gyro is 
used, a decision is required as to whether to carry a redundant gyro for each operational unit, 
thereby increasing weight substantially, or to use one redundant unit as a replacement for any of 
the several operational units, thereby demanding more complex switchover equipment. 


The* reliability improvement provided by various redundant inertial sensor configurations has been 
the subject of several investigations (refs. 41-45). The results of these studies are summarized in 
figure 9, from reference 45. Clearly the optimum skew configuration of six gyros is attractive for 
its improvement in reliability. However, other practical tradeoffs must be considered such as 
simplifying gyro output processing, obtaining compact packaging for thermal control of the gyros 
and economical use of spacecraft volume, achieving reasonable fabrication and test procedures, 
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TIME CONSTANT, X Q T 


A OPTIMUM (SKEW) CONFIGURATION OF SIX GYROS 
B OCTAHEDRON (SKEW) CONFIGURATION OF SIX GYROS 
C SKEW CONFIGURATION OF FIVE GYROS 

D ORTHOGONAL EMPLACEMENT OF TWO GYROS ON EACH AXIS 
E SKEW CONFIGURATION OF FOUR GYROS 
F NONREDUNDANT IRU 

Figure 9. -Reliability functions of six redundant configurations (ref. 45). 


and reducing cost. The selection of the geometric configuration must consider the number of 
sensors which will be operated simultaneously, the switching mechanism for adding sensors, and 
the voting logic for detecting a failed sensor. 

2. 5. 2. 5 Design Risk 

The use of any new or unproven design will involve a certain risk. Previous experience has shown 
the wisdom of using proven, existing design concepts rather than relying upon new concepts 
which look promising but which require substantial development. 

2.5.3 Cost 

The cost of constructing a gyro and maintaining the necessary quality control is typically about 
40 percent of the total initial cost to the purchaser. The remainder is the cost of burn-in, testing, 
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and documentation. As a result, the price for the same unit may vary widely depending upon the 
testing and documentation specifications. In general, better performance is more expensive, but 
the exact cost for a given performance is a function of the level of testing or proof of performance. 
Subject to this reservation, the cheapest, dry, spring-restrained rate gyros with an accuracy of 1 
part in 100 can be purchased for a few hundred dollars. Better dry gyros using feedback through 
the torquer and with drift rates around 10 deg/hr cost a few thousand dollars. An inertial grade 
floated gyro with a drift rate near 0.01 deg/hr will cost above $10 000. The highest-performance 
gyros typically cost above $25 000 each. 


Figure 10 quantitatively illustrates the tradeoff between cost and gyro performance. Using short- 
term random drift as the measure of performance, data from seven different gyros was obtained 
under the following assumptions: 

(1) Existing design purchased from existing manufacturing runs without modification 

(2) Moderate documentation consistent with unmanned spacecraft; final functional test data 
only; formal acceptance test costs not included 

(3) Small buy (6 to 10 gyros) 

(4) Short-term fixed drift instability (10 to 30 min). 


All data points fell within the indicated band, which is approximately a straight line in log-log 
coordinates. The cost roughly doubles for an order-of-magnitude improvement in performance. 



Figure 10-Typical gyro cost vs short-term random drift. 
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A large portion of the purchase price of a gyro is usually devoted to testing to insure the gyro will 
meet mission requirements by detecting and removing faulty units before usage and to establish 
a data base for predicting mission performance. This will have an impact on total cost beyond 
the unit cost of the component. The possibility of gyros failing the acceptance test encourages 
the manufacturer to produce a more reliable instrument in order to achieve a sufficient yield rate. 
The resulting increased life and reliability permits the customer to amortize his cost over more 
use-hours and with less maintenance, thus lowering his cost per use-hour. On the other hand, the 
time a gyro spends in test must ultimately represent some fraction of its total useful life. Conse- 
quently, there is some optimum level of testing that will minimize the cost per use-hour of the 
gyro. Documentation of the testing conditions and results is essential to any program. However, 
special testing and documentation can escalate the cost of an existing gyro far beyond the basic 
hardware costs. 

Quality control also requires considerable judgment in order to achieve lower total cost. Excessive 
inspection effort wastes money, but too little may allow a defective part to remain undetected 
until a later and more expensive stage. Any change introduces new risk until it has been tried 
and proven through test and field use. Even changes in assembly personnel have been reflected 
in changes in production yields. Constant surveillance is required since problems have a way of 
recurring, as a result of complacency in a successful program. A specific problem, peculiar to 
gyros, is contamination of flotation fluids and bearing components. 

2.6 Applications 

The U.S. space vehicle missions on which gyroscopes have already been (or will soon be) applied 
are summarized in table 3. The applications have been classified under launch vehicles, spacecraft, 
entry vehicles, and sounding rockets, since each category places its own characteristic require- 
ments on the gyro. More specific discussions of selected applications are presented below for 
each type of space vehicle. 

2.6.1 Launch Vehicles 

This category includes all launch vehicles and boosters which operate within or above the atmo- 
sphere at high thrust levels. The operating lifetime is usually short, and the environment generally 
includes high acceleration, vibration, and acoustic noise. 


2. 6. 1.1 Centaur 

The Centaur launch vehicle has an inertial guidance system to perform the following functions: 

(1) Atlas (first stage) steering augmentation 

(2) Centaur guidance and vehicle steering 

(3) Engine start and cutoff signals 

(4) Reorientation after spacecraft separation 
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(5) Attitude stabilization during retro-maneuver 

(6) Guidance telemetry signal conditioning. 


TABLE 3. — Mission Chart of Space Vehicle Gyroscope Applications 


Category 

Mission 
( vehicle ) 

Sponsoring 
Agency/ Gyro 
User 

Function 

Configuration 
( number) 

Gyro 

Identification 

Gyro Type a 

Launch 

vehicles 

Agena B 

USAF/Lockheed 

Guidance, 
Flight control 

Strapdown (3) 

Honeywell GG76 

SDF-RI 

and 

boosters 



Guidance, 
Flight control 

Strapdown (3) 

2 Honeywell GG76 
1 Honeywell GG87 

SDF-RI 


Agena 

U S AF/Lockheed 

Guidance, 
Flight control 

Strapdown (3) 

Kearfott 2564 

SDF-RI 




Navigation, 
Guidance, 
Flight control 

Strapdown (3) 

Honeywell GG-334 

SDF-RI 


Atlas 

( SLV-3A ) 

LeRC/Convair 

Flight control, 
Stabilization 

Strapdown (3) 
Strapdown (3) 

Honeywell GG87 
Nortronics GRH4T 

SDF-RI 

SDF-rate 


Burner 2 

USAF/Boeing 

Guidance 

Strapdown (3) 

Honeywell GG-49 

SDF-RI 


Centaur 

LeRC/Convair 

Guidance, 

Attitude reference 

Platform (3) 

Honeywell GG-49 

SDF-RI 


Delta 

NASA/Douglas 

Guidance 

Strapdown (3) 

Hamilton Std. 
RI-1139E 

SDF-RI 


Saturn IB 

MSFC/Chrysler 

Guidance, 

Stabilization 

Platform (3) 
Strapdown (9) 

Bendix AB-5-K4 
Nortronics GRH4T 

SDF-DRI 

SDF-rate 


Saturn V 

MSFC/Bocing 

Stabilization, 

Guidance, 

Navigation 

Strapdown (9) 
Platform (3) 

Nortronics GRH4T 
Bendix AB-5-K8 

SDF-rate 

SDF-DRI 


Scout 

LaRC/LTV 

Guidance, 

Stabilization 

Strapdown (3) 
Strapdown (3) 

Honeywell GG87 

SDF-RI 

SDF-rate 


Titan IIIB 

USAF/Martin 

Guidance 

Strapdown (3) 
(wide angle) 

Kearfott 2536 

SDF-RI 




Stabilization 

Strapdown (5) 
(rate) 

Kearfott 2536 

SDF-RI 


Titan IIIC 

USAF/ Martin 

Guidance 

Stabilization 

Platform (3) 
Strapdown (5) 
(rate) 

Del co 651 G 
Kearfott 2536 

SDF-RI 

SDF-RI 

a RI — rate-integrating; DRI = double rate-integrating. 
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TABLE 3. — (continued) 


Category 


Space- 

craft 


Mission 

(vehicle) 

Sponsoring 
Agency /Gyro 
User 

Function 

Apollo CM 

MSC/NAR 

Navigation, 

Stabilization 

Stabilization, 

Display 

Stabilization, 

Display 

Stabilization 

Apollo LM 

M SC/Grumman 

Navigation, 

Stabilization 


MS C/TRW 

Navigation, 

Stabilization 

ATM 

MSFC 

Pointing, 

Stabilization 

Biosatellite 

ARC/G.E. 

Attitude reference, 
Stabilization 

ERTS 

GSFC/G.E. 

Stabilization, 
Attitude reference, 
Initial stabilization 

Explorer 

31 

GSFC/ 

Stabilization 

Gemini 

MSC/McDonnell 

Stabilization 

Navigation 

Lunar 

LaRC/Boeing 

Attitude reference, 

Orbiter 


Stabilization, 

Pointing 

Mariner 

JPL 

Stabilization, 
Attitude reference, 
Pointing 

Mercury 

M SC/ McDonnell 

Stabilization, 
Attitude reference 

Attitude, Rate 
display 

Nimbus 

GSFC/G.E. 

Stabilization, 
Attitude reference, 
Initial stabilization 

OAO 

GSFC /Grumman 

Stabilization 
Attitude reference 

OGO 

GSFC/TRW 

Stabilization 


Configuration 
( number ) 

Gyro 

Identification 

Gyro Type 

Platform (3) 

AC 25IRIG 

SDF-RI 

Strapdown (3) 
(wide angle 
or rate) 

Honeywell GG248 

SDF-RI 

Strapdown (3) 
(rate) 

Honeywell GG248 

SDF-RI 

Strapdown (3) 

Kearfott 2021 

SDF-rate 

Platform (3) 

AC 25IRIG 

SDF-RI 

Strapdown (3) 

Hamilton Std. 
RI-1139 

SDF-RI 

Strapdown (3) 

Kearfott 2519 

SDF-RI 

Strapdown 

Honeywell JRT45 

SDF-rate 

Strapdown (1) 

Kearfott 2564 

SDF-RI 

Strapdown (1) 

Nortronics GRH4 

SDF-rate 

Strapdown 

Honeywell JRT45 

SDF-rate 

Strapdown (6) 
Platform (3) 

Honeywell MS- 133 
Honeywell GG-8001 

SDF-rate 

SDF-RI 

Strapdown (3) 

Sperry SYG-1000 
Kearfott 2564 

SDF-RI 

SDF-RI 

Strapdown (3) 

Kearfott 2565 

SDF-RI 

Strapdown (3) 

Honeywell GG-79A 

SDF-rate 

Strapdown (2) 

Honeywell GG-53 

2DF-free 

Strapdown (3) 

Honeywell MS- 100 

SDF-rate 

Strapdown (1) 

Kearfott 2564 

SDF-RI 

Strapdown (1) 

Nortronics GRH4 

SDF-rate 

Strapdown (3) 

Honeywell JRT45 

SDF-rate 

Strapdown (3) 
Strapdown (3) 

MIT 2FBG 
Kearfott 2564 

SDF-RI 

SDF-RI 

Strapdown (1) 

Honeywell MS 
130B1 

SDF-rate 
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TABLE 3. — (continued) 


Category 

Mission 
( vehicle ) 

Sponsoring 

Agency/Gyro 

User 

Function 

Configuration 
( number) 

Gyro 

Identification 

Gyro Type a 

Space- 

craft 

OGO 

GSFC/TRW 

Pointing 

Strapdown (2) 

Honeywell CG49 

SDF-RI 


oso 

GSFC/Ball Bros. 

Stabilization 

Strapdown (1) 

Bendix 25IRIG 

SDF-RI 


OSO-3 

GSFC/Hughes 

Pointing 

Strapdown (1) 

Northrop GI-K7G 

SDF-RI 


Ranger 

JPL 

Stabilization, 
Attitude reference, 
Pointing 

Strapdown (3) 

Honeywell GG49 

SDF-RI 


Skylab 

workshop 

MSFC/Douglas 

Pointing, 

Stabilization 

Strapdown (9) 

Kearfott 2519 

SDF-RI 


Surveyor 

JPL/Hughes 

Attitude reference, 
Stabilization 

Strapdown (3) 

Kearfott 2514 

SDF-RI 


Viking 

Lander 

LaRC/Martin 

Inertial reference 

Strapdown (4) 

Hamilton Std. 
RI-1139S 

SDF-RI 


Viking 

Orbiter 

LaRC/JPL 

Attitude reference. 

Stabilization, 

Pointing 

Strapdown (6) 

Kearfott 2565 

SDF-RI 

Entry 

vehicles 

ASSET 

USAF/ 

McDonnell 

Stabilization, 
Flight termination, 
Guidance 

Strapdown (3) 
Strapdown (1) 
Strapdown (3) 

Honeywell 
Giannini L51D 
Honeywell 

SDF-rate 

2DF-free 

SDF-RI 


DynaSoar 

USAF/Boeing 

Guidance, 
Backup guidance 

Platform (3) 
Strapdown (2) 

Honeywell 8001 
Bendix 19008 

SDF-RI 

2DF-free 


HL-10 

FRC/Northrop 

Stabilization 

Strapdown 

U.S. Time 

SDF-rate 


M2-F2 

FRC/Northrop 

Stabilization 

Strapdown 

U.S. Time 

SDF-rate 


M2-F3 

FRC/Martin 

Stabilization 

Strapdown (9) 

Nortronics GRH4T 

SDF-rate 


PRIME 

USAF/Martin 

Guidance 

Strapdown (3) 

Honeywell GG87 

SDF-RI 


X-15 

FRC/No. 

American 

Navigation, 

Stabilization 

Platform (3) 
Strapdown (3) 

Honeywell 8001 
Nortronics GRH4T 

SDF-RI 

SDF-rate 


X24A/ 

SV-5P 

USAF-FRC/ 

Martin 

Stabilization 

Strapdown (9) 

Nortronics GRH4T 

SDF-rate 
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TABLE 3. — (continued) 


Category 

Mission 
( vehicle ) 

Sponsoring 

Agency/Gyro 

User 

Function 

Configuration 

(number) 

Gyro 

Identification 

Gyro Type 

Sounding 

Aerobee 

GSFC/Ball Bros. 

Pointing, 

Platform (2) 

Conrac 34646H-04 

2DF-frce 

rockets 

150/170/ 

350 

( Strap III ) 

Stabilization 
Fine pointing 

Strapdown (3) 
Strapdown (2) 

VARO 1005435-01 
Honeywell GG 87 

SDF-rate 

SDF-RI 


Aerobee 

AFCRL/NRL/ 
Space General 
(Mark II) 

Pointing, 

Stabilization 

Platform (2) 
Strapdown (3) 

Whittaker FM10G-2 
U.S. Time Model 40 

2DF-free 

SDF-rate 


Aerobee 

150/170 

Space General 
(Mark III) 

Pointing 

Strapdown (1) 
Strapdown (3) 

Whittaker FM10G-2 
U.S. Time Model 40 

2DF-free 

SDF-rate 


Aerobee 

150/170 

Kitt Peak/ 
Ball Bros. 
(SPCS-1) 

Pointing 

Platform (3) 

VARO 

SDF-rate 


Aerobee 

150/170 

Nike- 

Torna- 

hawk 

Ball Bros. 

( SPGS-2 ) 

Pointing, 

Stabilization 

Strapdown (1) 

Condor Pacific 
R8-93AA-1 

SDF-rate 


Nike- 
Toma- 
hawk 
Black 
Brandt III 

GSFC/Space 
Vector Corp. 
( SPT) 

Pointing 

Platform (2) 

Space Vector 
MARS I 

2DF-frcc 


Inertia] reference is provided by a four-giinbal inertial platform, which is stabilized with three 
SDF rate-integrating gyros. Some factors that entered in the tradeoff studies between SDF and 
2DF gyros are presented in reference 46. A detailed description of the design and development 
of the Centaur inertial guidance system, including a number of problems and deficiencies associ- 
ated with the gyros and corrective actions, is also contained in reference 46. 


2.6. 1.2 Scout 

The Scout launch vehicle is equipped with a strapdown guidance system which provides the 
following major functions (fig. 11): 

(1) Accurately times the initiation of guidance, ignition, and other events 

(2) Generates suitable signals for programmed pitch and yaw commands 

(3) Measures attitude error between reference and programmed attitudes 

(4) Provides a properly conditioned set of commands to the vehicle control system. 
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FIN AND VANE 
CONTROL 



SIGNALS 

Figure 11. -Block diagram of the Scout guidance and control system. 


The strapdown gyro reference unit contains three SDF rate-integrating gyros to measure the 
relative rotational displacement of the vehicle with respect to an initial set of reference coordi- 
nates. The displacement error signals for the pitch, roll, and yaw axes are summed with corre- 
sponding rate signals, which are generated by the external rate gyro unit for stabilization of the 
vehicle about each axis. The pitch and yaw displacement gyros are torqued by externally 
generated guidance commands to cause specified changes in gimhal alignments and consequently 
in the vehicle trajectory. A number of malfunctions detected in the inertial reference unit are 
discussed in reference 47. 


2.6.1. 3 Little Joe II 

Attitude error information for the Little Joe/Apollo launch vehicle (fig. 12) was derived from a 
strapdown reference unit consisting of two conventional 2DF gyros (ref. 48). One gyro was orien- 
tated so that its inner gimbal sensed vehicle pitch error and its outer gimbal sensed roll error. 
The other gyro sensed yaw error on its outer gimbal while its inner gimbal was slaved to the 
vehicle roll axis. The pitch error was summed with a programmed signal to provide the desired 
pitch attitude history. Both gyros were captured to their orthogonal positions and had torquing 
capabilities which were used for ground checkout. 


Vehicle damping signals were obtained from three identical spring-restrained rate gyros. As in 
the case of the attitude gyro package, the rate gyros and their associated electronics were packaged 
together, providing a single installation in the vehicle. The rate gyros also had torquing capabilities 
and spin motor rotation detectors for ground checkout. 


The obtainable errors in the vehicle flight trajectory could be attributed directly to the drift rate 
of the 2DF attitude gyros. The maximum drift rates for the three axes were 0.050 deg/min in pitch 
and roll and 0.99 deg/min in yaw. 
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SURFACE POSITION 
FEEDBACK 
SIGNALS (4) 


SERVO VALVE 
COMMANDS (4) 


RSC MOTOR 
COMMANDS (8) 


F igure 12.— Block diagram of Little Joe autopilot. 


2.6. 1.4 Atlas 

The flight control system of the Atlas SLV-3A launch vehicle series was designed to achieve 
stability of vehicle dynamic responses and to provide vehicle steering by orientation of the engine 
thrust vectors. Guidance is provided by a radio-inertial system, and an onboard attitude reference 
for the flight control system is required (ref. 49). 


The reference attitude for the launch vehicle is provided by three SDF rate-integrating gyroscopes 
(fig. 13). The signal amplifiers sum the rate and displacement gyro signals. The torquer amplifiers 
receive signals from the programmer and/or from the guidance system and apply a proportional 
torque to the displacement gyros to accomplish the commanded maneuvers. 

The SLV-3A uses three rate gyroscopes that sense the rate of vehicle rotation about the pitch, 
yaw, and roll axes and provide the necessary lead compensation to improve the dynamic stability 
of the vehicle. The pitch and yaw rate gyros are remote from the displacement gyro package 
to be forward of the antinode of the first body bending mode during boost. 


2.6.1 .5 Saturn V 

The Saturn V launch vehicle uses an inertial platform for control of both rigid body and elastic- 
modes as well as for navigation (ref. 50). Vehicle attitude is sensed by the inertial platform 
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Figure 13.-Simplified block diagram of Atlas SLV-3A autopilot. 


system. As shown in figure 14, these signals are processed to provide the flight control computer 
with vehicle attitude errors (ref. 51). The flight control computer also accepts attitude rate signals 
from strapdown rate gyro packages in the instrument unit and (during first-stage operation) the 
S-IVB stage. These signals are filtered and summed to produce engine commands for maintaining 
vehicle attitude control, while simultaneously providing vehicle bending moment relief for the 
S-IVB stage. 


To provide extremely high reliability, the Saturn rate gyro package in the instrument unit is triply 
redundant; i.e., each axis is monitored by three independent rate gyros. Hence failure of any 
one gyro in an axis will not affect system operation. The flight control computer can also accept 
attitude error data from the Apollo spacecraft in the event of failure in the Saturn platform or 
at the discretion of the crew. 
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Figure 14 -Saturn V attitude control system. 


The inertial components used on the platform are of the gas hydrostatic design. The gyros are 
built and tested to an absolute drift value and require no updating during their use. No flight 
failures have occurred and no major gyro problems were encountered during the Saturn man- 
rated program. 


2.6.2 Spacecraft 

This category includes those space vehicles which operate primarily in free-fall orbits. The 
environment is normally one of low angular rates, acceleration, and vibration. Operating lifetimes 
are usually long and there may be a requirement for turn-on and turn-off of the gyros to conserve 
power. The gyros often experience large temperature variations and possibly a high radiation 
environment. 


2.6.2.1 Mercury 


The Mercury spacecraft was equipped with two 2DF free attitude gyros to determine attitude 
angles between a set of fixed axes in the spacecraft and the local vertical reference. Azimuth was 
obtained by gyrocompassing to the orbital plane. Both attitude gyros could be slaved to the proper 
angles when commanded by a horizon scanner system (refs. 52, 53). 
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Figure 15. -Functional block diagram of Mercury attitude stabilization and control system. 


The Mercury stabilization and control system (fig. 15) used the outputs of the attitude gyros in 
conjunction with the outputs of three SDF rate gyros. In addition, a rate stabilization and control 
system which used independent rate gyros was provided for backup rate damping. Summing of 
stick positions and rate gyro outputs provided rate control. 
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2.6. 2. 2 Gemini 


The Gemini manned spacecraft required a reference that could provide stabilization about three 
axes and measurement of velocity changes. A platform IMU was selected over a strapdown system 
because the gimballed system reduced spacecraft digital computer operations for coordinate 
transformations and because the platform represented the lesser technical and schedule risk. The 
platform chosen was a modified version of the four-gimballed unit used on the Centaur program. 
A 100-hr runin was performed on the platform gyros to eliminate infant mortality failures and to 
provide stability data over runup, cooldown, runup periods. When gyros indicated stable charac- 
teristics, they were accepted for platform installation. The acceptance rate using this method was 
approximately 75 percent. References 52 and 54 describe the development of the Gemini IMU, 
including problems encountered and modifications made. 

The Gemini spacecraft derived attitude information for stabilization and control from the guidance 
system inertial platform. Rate information for the attitude and maneuver control system was 
obtained from two identical rate gyro packages, each of which contained three SDF spring- 
restrained rate gyros. For greater reliability, the gyros were switched to allow selection by indi- 
vidual axis, rather than selection by package. Several significant problems encountered in the rate 
gyro development are discussed in references 52 and 54. 


2. 6. 2. 3 Apollo 

The Apollo Command Module (CM) and Lunar Module (LM) utilized a number of different gyros 
in various primary and backup systems, (see table 3) 

Primary Guidance and Navigation System 

The IMU for the primary guidance and navigation system of the CM and LM consists of a three- 
gimbal platform mounting three SDF rate-integrating gyros and three SDF accelerometers. The 
gyros establish a space reference to keep the stable element nonrotating such that accelerations 
are measured in a known inertial coordinate frame. Resolvers on the platform gimbal axes measure 
the orientation of the spacecraft relative to the stable element. Both the gyros and accelerometers 
are temperature-controlled to zt0.3°C utilizing a single temperature controller. One of the prin- 
cipal design problems was to achieve reliable temperature control of all inertial components under 
wide variations in the environment. 

The platform gyros were chosen primarily to meet a 100 000-hr MTBF goal. A 1967 evaluation 
of 361 production gyros indicated the MTBF goal had been met with 70 percent confidence 
(ref. 55). There have been no inflight failures to date. Table 4 summarizes the Apollo gyro reli- 
ability experience through May 1971. Based on inflight measurement of gyro random drift, 9 out 
of 12 gyros in Apollo 7, 8 and 9 achieved better than 0.015 deg/hr performance (ref. 56). 

The gyros are calibrated during prelaunch activity and may also be recalibrated by the astronauts 
in flight against star sighting. During the Apollo 6 mission a divergence was observed between 
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TABLE 4 . — Apollo gyro reliability experience — May 1971 (Block IL071 configuration gyros) 


N umber of gyros ( T ) a 

249 

Bearing failure prediction 


Predicted units that failed ( PF ) 

11 

Predicted units that did not fail ( PF ) 

80 

Failed units not predicted ( PF ) 

0 

Usefulness — T “ PF “ PF X 100, % 

100 

T — PF 


Efficiency = T “ PF "1 PF X 100,% 

66 

T — PF 


Total gyro operating hours 

370 800 

MTBF, hours, with 98% confidence 

100 000 

a 45 gyros flown on Apollo missions 


Preflight wheel hours 

68 000 

Flight wheel hours 

4400 


the attitude information supplied by the primary system and the backup strapdown system. This 
was first attributed to the primary system, but real-time review of prelaunch data on the backup 
system indicated that the measured drift would account for the divergence (ref. 56). A detailed 
description of the Apollo primary system can be found in references 9 and 57. 


LM Abort Guidance System 

The strapdown reference system for the lunar module abort guidance system (LM/AGS) uses 
three SDF rate-integrating gyros. The gyros are operated in the captured mode by means of a 
pulse torque servo-amplifier (PTSA), as shown in figure 16. The output of the PTSA is a pulse 
train to the computer, with each pulse representing an incremental angle. The torquing capability 
of the gyro is approximately 28 deg/sec. 


An error budget for the LM/AGS gyro is shown in table 5. The actual performance of the instru- 
ment has generally been better than predicted. For example, over 1-day periods, the drift uncer- 
tainty is typically around 0.1 deg/hr, with equivalent results for longer periods. The day-to-day 
torquer scale factor uncertainties are typically under 100 parts per million. Typical test results for 
input axis alignment are better than 10 arc-sec. 


Initially, the LM/AGS gyros experienced excessive mass unbalance sensitivity. The cause was 
determined to be due to storage orientation sensitivity as a result of stratification of the two-cut 
flotation fluid used. This problem was resolved by storing the gyros in the same orientation in 
which they would ultimately be used. A number of other minor design problems and modifications 
are detailed in reference 58. 
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TABLE 5. — Apollo LM/AGS Gyro Performance Error Budget (ref. 58) 


Error Source 


Predicted 

Error 

Gyro Fixed, deg /hr 

Time instability (8 days) 


0.14 

Electrical power variation 


0.03 

EMI 


0.07 

Thermal effects 


0.04 

Vacuum effects 


0.11 

Magnetic effects 


0.01 

Residual vibration 


0.06 


Total Error ( RSS ) 

0.21 

Gyro Vibration and Limit Cycle Induced Error (Powered Ascent), deg/hr 


Nonlinearity (asymmetry) 


0.24 

Spin-input rectification 


0.02 

Spin — output rectification 


0.00 

H-veetor spin — input rectification 


0.02 

An isoelastic drift 


0.01 


Total Error (RSS) 

0.24 

Gyro Spin Axis Mass Unbalance, deg/hr 

Time instability (8 days) 


0.10 

Thermal effects 


0.07 

Vacuum effects 


0.18 


Total Error (RSS) 

0.22 

Command Rate Scale Factor Instability and Nonlinearity, parts/million 

Time instability ( 120 days) 


147 

Residual shock 


57 

Check instability 


10 

Nonlinearity 


65 


Total Error ( RSS) 

171 

Gyro Input Axis Misalignment, arc-sec 

Initial alignment 


44 

Instability 


10 


Total Error ( RSS ) 

45 


CM Backup Attitude System 

The Apollo spacecraft obtains primary attitude information from resolvers on the IMU gimbals. 
Strapdown SDF gyros are used in the CM backup attitude control system for both attitude and 
rate sensing (fig. 17). The backup attitude reference unit contains three wide angle (±20 deg) 
rate-integrating gyros which can be operated in cither a rate or a position mode. An additional 
set of three strapdown rate-integrating gyros is provided for rate information. 

The strapdown inertial unit was selected after an extensive tradeoff study, the results of which 
are presented in table 6 (ref. 59). Major considerations in selecting the four systems for further 


34 



TORQUER 


GYRO 


INPUT RATE 

=±= 


GYRO 

ELEMENT 


PICKOFF 


AC 


PULSE-SENSITIVE 

AMPLIFIER 


DEMODULATOR 


T" 


DYNAMIC 


COMPENSATION 

— 


CONSTANT 

CURRENT 

SOURCE 

1 1 
1 1 
1 1 

TIME MOD AND 
QUANTIZATION 


l 

CURRENT 

SWITCHING 

BRIDGE 

1 1 
1 1 

SYNCHRONY 

"I 1 
1 1 

ZATION 


PTSA 


PULSE OUTPUT 
TO COMPUTER 


Figure 16. -Functional diagram of Apollo LM/AGS gyro loop. 
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Figure 17-Apollo CM backup attitude reference system. 
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TABLE 6 . — Apollo Stabilization and Control Subsystem Tradeoff Tabulation (ref. 65) 


System 

Reliability 4 

Volume, 
in 3 (ft 3 ) 

Weight, 

kg(lb) 

Power, 

W 

Relative 

Cost 

Relative 

Flexibility- 

Strapdown 

Two 2DF free gyros 

0.99971 

0.0202(0.715) 

22.6(49.9) 

64.5 

1 

4 

Three SDF rate-integrating 
gyros'* 

0.99955 

0.0170(0.599) 

17.2(38.0) 

30.1 

1.8 

3 

Platform 

Three-gimbal stable element 

0.99944 

0.0385(1.36) 

32.2(71.2) 

58.1 

3 

2 

Four-gimbal stable element 

0.99931 

0.0402(1.42) 

36.7(81.0) 

74.6 

3.3 

1 


a Reliability equal to or greater than 0.999276 through inflight repair. 
’’Selected system. 


study were the needs for compatibility with the primary inertial platform system and reliability 
of the backup system. The following conclusions were drawn from this tradeoff study: 

(1) An inertially stabilized platform provides the best solution to the attitude reference sub- 
system problem from a performance and operational point of view. However, the reliability 
requirements result in a weight and volume penalty. 

(2) The three SDK attitude gyro solution provides the best compromise for the reference sub- 
system. Its principal limitations are (1) accuracy errors associated with gross vehicle maneu- 
vers (normal operation) and (2) inability to maintain an attitude reference under conditions 
of high and uncontrolled vehicle tumbling rates (emergency operation). It was also recom- 
mended that a hardware design study be initiated on an inflight maintainable, four-gimbal 
platform which, if feasible, could be phased into the program at a later date. 

(3) The 2DF free gyro subsystem was the most complex system studied. This, in addition to 
the operational limitations (four areas of attitude singularities) and high drift rates, caused 
this system to be rated below the three-gyro subsystem. 


2.6. 2.4 Lunar Orbiter 

The Lunar Orbiter (LO) attitude control subsystem utilized a three-axis strapdown inertial refer- 
ence unit in a hybrid mode (fig. 18). A basic reference attitude was established by a sun sensor 
and star tracker. A rate damping signal was provided by a rate gyro for each axis during normal 
celestial hold operation with the sun sensor (pitch and yaw) or star tracker (roll). During sun 
and Canopus occultation periods, attitude was maintained by the gyros in the rate-integrate mode. 


The functions of the attitude control subsystem were to: 

(1) Acquire, stabilize, and maintain a sun orientation of the spacecraft in pitch and yaw 

(2) Acquire, stabilize, and maintain a Canopus-referenced orientation in roll 
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Figure 18 .-Lunar Orbiter attitude control subsystem. 


(3) Maneuver sequentially one axis at a time away from celestial references as desired, e.g., 
for photographic or velocity change purposes 

(4) Hold attitude to inertial references as required, e.g., for photo sequences, for velocity 
changes, and for periods of sun and Canopus occupation 

(5) Return the spacecraft to celestial reference orientation upon completion of the above 
maneuvers 

(6) Point the high-gain antenna 

(7) Provide delta velocity measurement and control for engine burns. 


The selection of the SDF rate-integrating gyro for the inertial reference unit was based on its 
applicability to the Lunar Orbiter mission, experience gained with it on an Air Force satellite 
program and cost. Major difficulties were encountered in modifying the gyro to lower the operat- 
ing temperature from 74 to 63°C. To achieve the desired damping at the new temperature the 
flotation fluid was changed, and weights had to be added to the float to achieve neutral buoyancy. 
The addition of these weights introduced g-sensitive drift instabilities; but the gyro g-sensitivity 
balance trim adjustment was limited to 1 deg/hr/g increments as the result of the damping 
change. The damping permitted larger than planned OA motion and potential mechanical inter- 
ference between the gyro ease and float unless the balance weights were maintained in a specific 
orientation. 
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Production problems were encountered associated with restarting a gyro line since the selected 
gyro was not in quantity production. Contamination, broken pivots, and erratic drift problems 
affected gyro yield and schedule. A backup program was instituted using another gyro in volume 
production, and no changes internal to this gyro were permitted. The backup program was able 
to support the LO launch schedule only because the manufacturer was ahead of scheduled 
deliveries on the selected gyros. These and other minor problems are detailed in reference 60. 


2.6. 2. 5 Mariner Mars 1971 

The attitude control system on Mariner Mars 1971 used an inertial reference unit (IRU) to pro- 
vide a means of (1) sensing and controlling angular rates after separation and during sun-Canopus 
acquisition, and (2) sensing and controlling changes in spacecraft attitude when celestial refer- 
ences were not acquired (refs. 61-63). The IRU utilized three strapdown SDF rate-integrating 
gyros that operated without temperature control at spacecraft temperatures, typically 13 to 38 °C 
(55 to 100°F). They were configured in a rate sensing mode to provide both rate and position 
information (fig. 19). In this configuration, the gyro pickoff output is amplified, demodulated, 
and fed back to the torquer through a precision series resistor to ground. The voltage across the 
precision resistor is proportional to torquer current and hence to input rate. Angular position 
information is obtained by integrating this rate signal with an active operational amplifier. 

The IRU modes of operation were (fig. 20): 

(1) Acquisition. Rate information is supplied to the attitude control electronics to provide damp- 
ing of spacecraft rates after separation and during sun-Canopus acquisition. 



Figure 19. -Gyro loop configuration for Mariner Mars 1971. 
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Figure 20 -Functional block diagram of Mariner Mars 1971 inertial reference unit. 

(2) Inertial . Both rate and position information are supplied to the attitude control system to 
maintain constant spacecraft attitude in all three axes. This mode is utilized during motor 
burns. 

(3) Commanded turn. Same as inertial mode except bias is added to input of either yaw or roll 
integrator to cause spacecraft rotation about the selected axis at a constant rate. 

(4) Roll inertial (stray light). When angular position information is not available from the Cano- 
pus tracker, the spacecraft is stabilized about the roll axis with the gyroscope operating in 
the inertial mode. During this mode, only the roll gyro operates. 

In the above four modes, the rate output of the' gyros was used only for damping, and high 
accuracy was not required. Accuracy was, however, critical in determining angular position dur- 
ing the inertial, commanded turn , and roll inertial modes. Required turn angles were obtained 
by first commanding a known turn rate (nominally 650 deg/hr) about the axis of interest, then 
controlling (measuring) the time duration of the turn rate. 

To obtain satisfactory operation at spacecraft temperatures, the gyro command rate scale factor 
was calibrated at four temperatures (30, 38, 47 and 54°C) (85, 100, 115 and 130°F) prior to launch. 
During operation, the required turn rate was obtained by noting gyro temperature and using the 
appropriate calibration. This approach provided a significant power reduction and eliminated the 
complexities of gyro temperature control. With this system, the achieved commanded turn rates 
were within 0.5 deg/hr of the turn rate predicted by the prelaunch calibration (3a). 
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2. 6. 2.6 Orbiting Geophysical Observatory 


During normal operation, attitude error signals for the Orbiting Geophysical Observatory (OGO) 
were provided by sun sensors and a horizon scanner (fig. 21a). However, during earth and Sun 
acquisition, a reference angular rate about the spacecraft pitch axis was established by a spring- 

A = ACQUISITION MODE 



(a) 



(b) 

Figure 21. -Block diagram of OGO control system. 

(a) Attitude control system 

(b) Orbit plane experiment package (OPEP) control system 
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restrained rate gyro. The gyro was electrically biased such that at null, a 0.5 deg/sec rate was 
established. The pitch rate gyro was operated during launch and while in the acquisition mode, 
but was turned off otherwise. A spin motor rotation detector (SMRD) circuit indicated whether 
the spin motor was operating at synchronous speed and, together with a self -test torquer, greatly 
facilitated testing of the instrument. Problems with the pitch rate gyro were attributed to poor 
quality control which was a result of the gyro being discontinued as a production item (ref. 64). 


Orientation of the OGO Orbit Plane Experiment Package (OPEP) was maintained by a separate 
gyro assembly, which detected errors in the alignment of the OPEP shaft with the orbital plane 
(fig. 21b). The OPEP inertial reference assembly contained two SDF rate-integrating gyros (for 
redundancy) which were operated in a captured (or rate) mode to serve as a gyrocompass. When 
the gyro I A was located in the orbital plane and was pointing in the direction of travel, there 
was no error signal output. If the I A was not in the orbit plane, the gyro sensed a component 
of the spacecraft orbital rotation rate proportional to the attitude error. 


At the time of the gyro selection, the OPEP design was to use the gyro as an attitude reference 
with periodic resets to trim drifts. Although this scheme was eliminated in favor of the gyro- 
compass scheme, no major change was required in the gyro. 


The possibility of damage from shock and vibration was minimized by running the OGO gyros 
during launch. Several gyro problems were uncovered, however, associated with power voltages, 
the SMRD circuit, the heat circuit, and noise. These are described in reference 64. 


2.6. 2. 7 Apollo Telescope Mount 

The Apollo telescope mount (ATM) will use sun sensors, a Canopus star tracker, and rate gyros 
for accurate pointing of an experiment package to acquire data on solar phenomena (ref. 65). 
To achieve the required pitch and yaw pointing stability in the presence of man-motion disturb- 
ances, the experiment package is isolated from the ATM by a two-axis gimballed experiment 
pointing system (EPS). Two SDF gyros are mounted on the experiment package to detect pitch 
and yaw rates. An additional rate gyro is located on the ATM to detect roll rate. These gyros may 
be operated in either a coarse or a fine mode; the respective maximum output rates are ztl and 
rtO.l deg/sec. The same type of rate gyro will be used for all three axes for interchangeability. 


During the experiment pointing mode, the ATM control system obtains pitch and yaw attitude 
from the acquisition sun sensor and roll attitude from integration of the roll rate gyro output. 
The EPS uses fine sun sensors on the experiment package for pitch and yaw attitude and the 
pitch and yaw gyros for rate information. During occultations of the Sun, the EPS gimbals are 
caged at zero, and all three attitude signals to the ATM control system are determined by inte- 
gration of output signals from the EPS rate gyros. 
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2.6.3 Entry Vehicles 

This category includes all space vehicles designed for atmospheric entry. The environment is 
characterized by high acceleration, vibration, and temperature; the operating life is short. 


Experience with gyros for navigation, guidance, stabilization, and control of entry vehicles has 
been limited to spacecraft returning to earth and a number of suborbital research vehicles 
(refs. 66, 67). The Mercury and Gemini spacecraft and the Apollo CM used the same gyros during 
entry as in space. 


2.6.3. 1 The X-l 5 

The X-15 research vehicle was equipped with an inertial flight data system which used a four- 
gimbal platform containing three SDF rate-integrating gyros. Gyro drift-rate stability and 
repeatability were sufficiently good to allow compensation to be performed on the day preceding 
a flight. The X-15 inertial systems are discussed further in reference 68. 


Rate gyros were also used in both the primary aerodynamic stability augmentation system and 
the reaction control system of the X-15. These systems are described in references 68 and 69. 


2.6. 3. 2 The X-24 and M2-F3 

The 1 X-24 and M2-F3 lifting bodies used for entry vehicle research arc both equipped with a 
redundant stability augmentation system (ref. 70). Nine rate gyros are used for three-axis rate 
sensing in a triplex configuration (fig. 22). The gyro is a SDF spring restrained rate gyro that 
features a wheel-speed detector for monitoring purpose's and a torquer to provide self-test 
capability. 


All equipment in each axis is triply redundant, except the third servo, which is simulated elec- 
tronically. Cross-channel comparison monitors provide failure detection. Any single failure will 
cause at least one comparator to trip, thereby isolating the failure to a single axis and channel. 
Multiple critical failures will cause axis shutdown in a safe manner. Transients resulting from 
failures in either the gyros or the electronics are suppressed by the mid-value logic circuitry. 


2. 6. 3. 3 The ASSET 

The ASSET vehicle, used to investigate aerothermal-structure problems of entry, was equipped 
with gyros for stabilization (refs. 71, 72). The primary function of the flight control system was 
to control the vehicle to a programmed flight attitude and to stabilize it about this attitude. The 
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system for X-24 and M2-F3. 























vehicle attitudes were sensed by three body-mounted SDF rate-integrating gyros. A separate rate 
gyro unit contained three identical rate gyros to provide damping as an aid in vehicle control 
loop stability. The pitch displacement gyro was torqued to command a change in gimbal position 
and therefore maintained alignment relative to the vehicle axis for the predetermined glide 
angle-of-attack. 


The only gyro malfunctions occurred during ground test operations. In two instances a high null 
output was observed which indicated a rate gyro “hang-up.” Both gyros were disassembled and 
nylon debris was found in their interiors. The faulty gyros were replaced, and all units flown 
worked properly. 


Because of unreliable radio communications during entry, ASSET was equipped with a self- 
monitoring flight termination system to protect all land masses. This system used a 2DF, non- 
floated, free gyro to provide an independent indication of vehicle yaw and roll. During flight 
the yaw gimbal was torqued to a null position. The roll gimbal pickoff was compared with a fixed 
reference voltage, and if the error exceeded a specified limit, the destruct procedure was initiated. 


2.6.4 Sounding Rockets 

Attitude control of sounding rockets, because of the limited useful flight time, demands rapid 
accomplishment of initial stabilization and orientation and quick maneuver and acquisition 
capability. 


2.6.4. 1 MK II ACS 

The MK II ACS is a gyro-inertial attitude control system, which is available for the Aerobee 
series of sounding rockets (ref. 73). It uses two 2DF gyros as an orientation reference: one 
providing roll and pitch information, the other yaw information. The gyros are mounted with 
their outer gimbal axes colinear with the vehicle longitudinal axis. The outer gimbal of the yaw 
gyro is slaved to the vehicle to maintain proper alignment of the inner gimbal with the body-fixed 
yaw jets. When the vehicle is brought to a roll null condition using error signals from the unslaved 
outer gimbal of the roll/pitch gyro, a similar alignment of pitch jets to inner gimbal is realized. 


Maneuvering of the vehicle is accomplished by torquing the appropriate gyro gimbal. Signals 
from the gyro position transducers are summed with rate gyro signals and applied to a controller 
which produces reaction jet action to maintain this error signal within a narrow deadband. Point- 
ing stabilization and scan mode capabilities are also incorporated in the MK II ACS. The 
magnitude of maneuvers is fixed by controlling the time during which voltage is applied to the 
gyro torquers. A digital programmer-timer is used for this purpose, as well as to control the time 
during which a fixed attitude is held. 
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T] = INNER GIMBAL TORQUER S] = INNER GIMBAL PICKOFF 
T 0 = OUTER GIMBAL TORQUER S Q = OUTER GIMBAL PICKOFF 


Figure 23.— STRAP III roll-stabilized platform. 


2.6.4. 2 STRAP III 

The Stellar Tracking Rocket Attitude Positioning System (STRAP III) was developed to provide 
three-axis orientation of sounding rocket payloads (ref. 74). Three-axis inertial coarse attitude is 
provided by two 2DF free gyros mounted on a roll-stabilized platform (RSP). The RSP (fig. 23) is 
slaved by a servo to the roll gyro output signal. The platform isolates the gyros from the high 
roll rates of the spin-stabilized portion of flight and hence eliminates the gyro inner gimbal 
spin-induced drift. 


Pointing the rocket at preselected targets is accomplished with electrical torquers which torque 
the gyro gimbals at a fixed rate for a preset time, thus causing a position gyro error. Since the 
system is “null seeking” the rocket follows the moving gyro gimbal. Accuracies of ±3 deg and 
limit cycle magnitudes of ztVs deg at body rates of Vs deg/sec or lower are obtainable using 
only the gyro inertial control system. Three SDF rate gyroscopes with an input capability of 
40 deg/sec are used to provide damping for system stability. 


The STRAP III has also employed an inertial grade rate-integrating gyro package to obtain 
high-resolution data from targets which cannot be tracked otherwise. These units can provide 
inertial drift rates of less than 0.1 deg/hr (compared to the 6 to 10 deg/hr capability of the two-axis 
free gyros). Limit-cycle magnitudes of ±5 arc-sec at rates of less than 5 arc-sec/sec have been 
achieved in flight. 
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2.6.5 Miscellany 

One of the first questions the designer should ask is whether a gyro or some other technique 
should be used for a particular application. The SPARCS sun-pointing system used on the Aerobee 
sounding rocket is an example in which another technique was selected instead of gyros to pro- 
vide attitude and rate information. Since SPARCS is limited to the sun-pointing mission, sun 
sensors (for two axes) and magnetometers (for the third axis) are used to provide attitude infor- 
mation on the spinning vehicle. The use of the signals from these same sensors to calculate rate 
information in lieu of rate gyros results in a less efficient, more difficult to analyze, spiral capture 
of the sun. The main advantage of the system is that it has very few moving parts. In this case, 
a simple spring-restrained rate gyro would probably have provided a simpler, more flexible and 
less expensive system. 


Another important question is how to meet the required reliability. In Apollo, ground control 
is given the primary responsibility over the onboard inertial system except where there is no 
choice, such as during powered flight, flight behind the moon, and earth entry. Great care was 
taken to provide backup redundancy for the inertial systems. The IMU in the CM is identical to 
the one in the LM, thus providing a spare. The backup system for the LM is a strapdown system, 
as different and as isolated as possible from the primary platform system, in order that a single 
common failure would not endanger both. Although the inertial systems experienced problems 
during development, their inflight performance has been excellent. 


Gyro users have long debated whether it is better to run the gyro continuously or turn it on and 
off. The tradeoff is between unnecessary power consumption and wear, as opposed to preliminary 
degradation and the risk of the gyro failing to start. On Lunar Orbiter the gyros ran continuously, 
although they were switched between rate and rate-integrating modes. However, the Mariner 
gyros were on only for launch (nonfunctional), for separation rate damping, for optical acquisition 
phases, and during midcourse corrections and terminal pointing, because the missions were much 
longer and the available power was more limited. 


In general, the effect of the space environment is beneficial to gyro performance; the zero-g 
condition eliminates all acceleration-sensitive errors, greatly improving the gyro’s drift perfor- 
mance. However, an exception to this rule was encountered with the relatively inexpensive 2DF 
gyros on Aerobee, which actually performed better on the ground than in space. The problem 
was with sensing low rate thresholds. In the space environment, the static bearing friction and 
the slip-ring friction were enough to cause the gyro to “lock up” and move very slowly with the 
vehicle without detecting vehicle rotation. On the ground, small external vibrations plus earth 
rate were enough to prevent bearing stiction. To overcome the problem several operational fixes 
were attempted. The first was to intentionally place the entire vehicle in a forced limit cycle 
oscillation. This approach had obvious disadvantages, including the higher reaction control 
fuel required. The second approach was to mount electrical vibrators on the gyro cases. This was 
not entirely satisfactory and increased the total power requirements. The problem was finally 
solved by introducing a slight unbalance in the gyro rotor which created just enough vibration 
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to prevent sticking. Interestingly, the problem did not arise until the gyro manufacturer obtained 
new precision testing equipment which permitted him to produce gyros with extremely low 
wheel unbalance. 


Judging from the numerous case histories, the most serious and costly mistakes occurred when 
the systems user treated the gyro as a simple component (much like a relay, switch, synchro, etc.) 
and when a new gyro design was instituted at vehicle control go-ahead time. In spite of full 
qualification, configuration management, reliability testing, and associated monitoring effort, some 
of these designs fell behind schedule. On one such project a seemingly simple gyro part, the fluid 
expansion compensating bellows, costing about $30, remained a ‘'simple” part until it failed fatigue 
testing. To replace this unit with an improved one delayed gyro delivery by about 35 days. The 
total cost, reflected up through systems test, system qualification, launch facilities, services, and 
schedules which were brought to a virtual halt, was measured in thousands of dollars per day. 


2.7 Testing and Evaluation 

The purpose of testing and evaluation is to assure the user that the gyroscope will perform 
satisfactorily during the mission. The test data thus forms the basis for acceptance of gyros. More- 
over, increased testing, although raising the purchase price, can result in a lower cost per use 
hour via a longer and more' reliable performance life by rejecting deficient gyros. An important 
function of gyroscope testing and (‘valuation is to permit the prediction of performance at some 
future time (i.e., during the mission). This requires systematic record keeping of variations in 
measurable parameters from gyro to gyro, and from time to time in the same gyro, along with 
careful analysis of the test data. Proper testing and “parameter monitoring” require extensive 
knowledge* of gyro characteristics and effects of parameter changes. Descriptions of such charac- 
teristics and parameter changes can be found in reference 75. 


It has been estimated a typical set of spacecraft gyros will have a test history distribution 
approximately as shown in table 7. The Lunar Orbiter gyros were typically operated about 
1000 hours during the phases from manufacturer to launch. This time would tend to decrease with 
the project’s life, particularly if only minor gyro or system problems were experienced. 


TABLE 7 . — Typical Spacecraft Gyro Test History 


Phase 

Percent of Total Test Time 

Gyro manufacturer 

40 

Systems ( including acceptance, integration and system test) 

30 

Prelaunch 

10 

Flight monitoring ( including telemetry data reduced for gyro performance 
evaluation vs only go/ no go ) 

20 
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2.7.1 Types of Tests 

Gyroscope tests can be conveniently separated into three general categories: 


(1) In-Process Tests. In-process tests are performed on subassemblies during the manufacturing 
sequence and on the final assembled instrument. Examples of less elaborate quality control 
tests are resistance and continuity checks, insulation and circuit isolation tests, including 
the so-called Hi-Pot or megger tests, and weight and CG checks. More elaborate tests 
include float freedom, motor phasing, and flotation checks. The latter tests are often 
performed on the final test stand just prior to the beginning of the performance tests. 

(2) Performance Tests. Performance tests are conducted on all completed units to provide 
assurance that the performance specifications are met. The principal test in this category 
is the acceptance test, which follows a formally documented, detailed procedure. The 
acceptance test is normally the basis for acceptance of the unit by the customer, generally 
with the understanding that the unit will satisfactorily pass an acceptance test at any time 
during its specified life. Certain portions of the acceptance test, along with monitoring of 
selected parameters, are repeated on each unit periodically. This repetitive testing and 
monitoring provides a history of specific performance values, relating them to unit life, 
thermal conditions, power measurements, and other selected parameters to allow a predic- 
tion of continued performance and to establish indicators of incipient degradation. While 
not specifically a test for performance, diagnostic testing examines the causes of performance 
degradation so that such degradation may be minimized through construction or use 
changes. 

(3) Environmental Tests. Environmental tests may include any of the following (ref. 76): 

(1) Electrical variations 

(2) Life 

(3) High/low temperature 

(4) Mechanical shock and acceleration 

(5) Thermal shock 

(6) High/low pressure 

(7) Vibration 

(8) Acoustical noise 

(9) Thermal radiation 

(10) Air currents 

(11) Nuclear radiation 

(12) Magnetic fields. 


The specific test program is selected to conform to the needs of the particular space vehicle 
mission. However, some tests, such as the effects of zero-g (ref. 77), may be impossible to perform 
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in a ground-based laboratory. Life and environmental tests are generally performed only on a few 
selected units to establish general conformity of performance under the specified conditions and 
to establish expected performance changes. 


2.7.2 Gyroscope System Test Program 

Most space vehicle applications incorporate a number of gyros into a system with integrated 
power supplies, thermal controls, and other electronics. The performance of the gyro mounted 
in the system is not the same as when tested individually because of changes in mounting, align- 
ment, and vibratory and thermal conditions, and in the manipulation of the inputs and outputs 
by the system electronics and/or gimbal elements. Thus most space vehicle gyros are tested with 
the complete system for performance under expected environmental conditions. Repetitive tests 
are made during the life of the complete system and correlated with prior component tests to 
monitor parameter trends and predict the mission performance as accurately as possible'. 


2.7.3 Test Data Evaluation 


The test data to be recorded and the evaluation techniques to be utilized depend on the system 
requirements, the cost, and the specific test objectives. The most useful data for predicting the 
gyros performance is the trend or stability of its performance coefficients. If repetitive testing 
and monitoring is conducted at programmed intervals on each gyro and system, trends and erratic 
behavior can be noted. From these it is possible to make some predictions as to future changes 
and to establish some indicators of incipient degradation. With data derived from the environ- 
mental tests, changes due to expected environments can be included in predicting the gyro per- 
formance. Catastrophic failures are avoided by removing units which indicate excessive changes. 
Failure analyses on these units are essential in understanding the changes and developing cor- 
rective action. 


Various statistical treatments are used to enhance the confidence level of the conclusions drawn 
from the test results. For example, the elegant method developed for gyro performance prediction 
in the Poseidon system is described in reference 78. The technique used for the Apollo platform 
gyros is presented in reference 52. Other examples of such treatments may be found in references 
36, 77, 79, and 80. 


Clear-cut, consistent predictions of future gyro performance cannot always be obtained by the 
above techniques. A major limitation is that space vehicle applications do not usually involve 
sufficiently large numbers of gyroscopes for the accumulation of accurate reliability statistics. 
Also, practical test limitations often prevent performance tests being conducted under the exact 
mission conditions, and extrapolations must be made. Despite this, the presentation of gyro case 
histories, coupled with parameter monitoring and engineering judgment, is the only currently 
feasible method for predicting gyro performance. 
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2.7.4 Prelaunch Checkout and Flight Monitoring 

After installation in the spaee vehicle, the gyro system is recalibrated and a number of tests are 
made in prelaunch configuration. These tests depend upon the particular mission, the system 
configuration, and the spacecraft limitations, but they generally include: 

(1) Alignment check of gyro system to spacecraft 

(2) Go/no-go checks 

(3) Parameter monitoring (temperature, wheel rotation, power, etc.) 

(4) Alignment to chosen coordinates (gyrocompassing, line-of -sight to ground or star, etc.). 


Flight monitoring of a given system depends on the many constraints imposed by the general 
configuration and operational characteristics of the gyroscope system. In most spacecraft, the 
gyros are updated at selected times from data computed from a master reference system, optical 
direction sensor, radar, or ground sightings. Selected indicators of failure are monitored so as to 
switch control to an alternate system if necessary. Performance parameters that may be monitored 
to aid in flight decisions and postflight failure analyses include gyro temperature, wheel power, 
excitations, etc. 

2.8 Advanced Concepts 

Some of the newer types of gyros offering promise for future applications are briefly discussed 
below. More detailed descriptions of the operating principles and features of these gyros and a 
variety of others are contained in reference 81. 

2.8.1 Laser Gyro 

The laser gyro detects rotation by monitoring the phase shift between two oppositely directed 
laser beams traversing a closed path. In principle, the counting of one fringe shift is a measure 
of inertial rotation through an angle typically of a few arc-seconds. In practice, to prevent mode 
locking, the beams have to be uncoupled either by dithering the beam through mechanical rota- 
tion or by using electromagnetic polarizing devices. The accuracy of the sensed angular velocity 
is of the order of 0.1 to 1.0 deg/hr. The laser gyro s advantages are short warmup time and no 
moving parts. There are errors proportional to acceleration and temperature due to their action 
on the structural geometry. Problems with short operating life still exist. A buy of a statistically 
valid number of systems is needed to establish enough data to make the laser gyro competitive 
with conventional gyros. 

2.8.2 Electrically Suspended Gyro (ESG) 

The ESG is a free-rotor gyro using a lightweight spherical rotor suspended in an evacuated hous- 
ing by an electrostatic field. The attractive force on the rotor is controlled by making the capaci- 
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tance between the rotor and its housing part of a tuned circuit. This circuit controls the current 
to the capacitance in such a manner as to keep the rotor centered. Spin-up of the rotor is achieved 
by a gas jet or by inducing an eddy current into the rotor with the motor coils. The motor coils 
also provide a means of nutation damping and spin vector alignment. After spin-up the motor is 
not used; active speed control is maintained by the suspension electronics in one version. How- 
ever, the drag on the rotor is so small that it takes thousands of hours for the gyro to run down 
without a speed controller. For readout, a controlled mass unbalance is built into the rotor of one 
device, and the spin axis attitude is sensed by observing the mass unbalance modulation of the 
suspension pickoff signals. In another ESC, the angular motion of the case relative to the rotor 
is read optically. An extremely precise ESG being developed to test Einstein's general theory of 
relativity (ref. 82) utilizes the magnetic moment generated by a rotating superconductor for 
readout. The main advantage of the ESG is extremely high accuracy. However, the rotor must be 
prevented from touching the case after a sudden power loss, else the gyro suffers a catastrophic 
failure. Both platform and strapdown configurations of the ESG have been evaluated. The ESG 
has found application as a monitor gyro for precision navigation systems. 


2.8.3 Cryogenic Gyro 

This is a free-rotor gyro very similar to the ESG; it consists of a superconducting metal rotor 
suspended by a magnetic field. At temperatures near absolute zero the rotor becomes a magnetic 
insulator; when subjected to a magnetic field it repels the walls of the case and stabilizes in the 
center of a spherical cavity without the use of any external electronics. The only requirement for 
maintaining the suspension is a continuous supply of liquid helium, which is the main disadvan- 
tage of the system. The angular motion of the case relative to the rotor is read out optically at 
a very slow rate so that the illumination energy does not raise the temperature of the supercon- 
ducting sphere. 


2.8.4 Tuned-Rotor Gyro 

The tuned-rotor gyro is a 2DF, dry gyro which gets an effective magnification of the gyro coning 
period by operating near a structural resonance of its support. This gives a performance capability 
of 0.005 deg/hr without flotation. It is claimed that the gyro can provide this precision at a cost 
of a few thousand dollars per axis. Platform versions of these gyros are now used in aircraft 
navigators but have not yet been used in space. High-torquing-rate versions are being developed 
for strapdown applications. For space vehicles, the major advantage would be lower cost and 
power requirements at this performance level. Until the gyro is proven in operation, however, 
the risk will be higher than that of other gyros. Also, the tuned-rotor gyro must be protected 
from vibration environments that have significant energy at frequencies near the gyro resonance. 


2.8.5 Vortex Rate Sensors 

These devices are typically used to sense vehicle angular rates for the flight control of weapons. 
As a result, much of the information about them is classified. They use fluid or gas as the moving 
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medium and are therefore useful in systems which employ no electronics. The accuracy is of 
autopilot quality or worse, but the cost is low and the reliability very high. 


2.8.6 Multisensors 

It is possible to build an inertial sensor that measures angular rotation and linear acceleration 
in the same unit. The advantage is lighter weight and smaller size. Some such units have been 
built, and this approach may be extended in the future. A 0.86-kg (1.9-lb) inertial platform using 
two multisensors is now undergoing flight testing for possible aircraft navigation and missile 
guidance applications (ref. 83). 


2.8.7 Other Devices 

A number of devices which have been built to measure inertial angular rotation have either not 
proven competitive with existing gyros or have not yet been developed enough to be considered 
for space vehicle applications. Some of these are the nuclear gyro, particle gyro, fluid gyro, and 
vibrating rod. 


3. CRITERIA 

Space vehicle gyroscopes should be selected to establish a coordinate frame or to measure angular 
velocities relative to specified reference axes under all anticipated mission conditions. The gyro- 
scope should achieve specified accuracy and reliability of performance within allotted volume, 
weight, and power consumption constraints. The design should satisfactorily minimize suscepti- 
bility to all inherent factors that can potentially degrade reliable performance. These factors 
include the testing and operational environment, the various interfaces between the gyro and the 
space vehicle, possible interference sources, and the gyro’s functional characteristics. Demon- 
stration should be made, by a suitable combination of analytical and experimental studies, that the 
gyro design is entirely suitable for its intended application. 


3.1 Applications 

First, the question of whether a gyroscope is required or not for the given mission should be 
answered. If it is so determined, all specific applications to which the gyroscope might be put 
should be considered. These include: 

(1) Navigation and guidance 

(2) Vehicle stabilization and control 

(3) Tracking and pointing 

(4) Flight data analysis. 
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The gyroscope design should be selected to provide the angular rate and/or position information 
required by the* space vehicle for each application. The use of the same gyro for several appli- 
cations should be evaluated where possible. 

Environmental specifications should include conditions to be experienced during handling, storage, 
shipment, assembly, test, prelaunch, launch, and all phases of flight. A model or specification, 
sufficiently accurate for ( valuation purposes, should be established for each of the following envi- 
ronmental factors. The combining of test environments should also be considered. 

(1) Acceleration 

(2) Angular rate and total rotation 

(3) Shock and vibration — both linear and angular 

(4) Temperature 

(5) Radiation 

(6) Magnetic field 

(7) Noise 

(8) Humidity 

(9) Lifetime 

(10) Vacuum. 


3.2 System Design 

Strapdown and platform configurations, if applicable, should both be considered for the system 
design. The choice of configuration for a particular application should be the result of a tradeoff 
study. 


The gyroscope system should be designed and packaged for ease of alignment and calibration. To 
the extent possible, the gyro package should be prealigned prior to mounting in the space vehicle. 
Once the gyro package has been installed in the space vehicle, the physical alignment or align- 
ment verification between the gyro and other sensor axes may also be required. 


Interface conditions should be specified, if possible, by interface definition documentation. It 
should be demonstrated that both the gyro package and the system to which the package inter- 
faces will perform satisfactorily where the specified conditions exist. It should also be demon- 
strated that the gyro package will not be adversely affected by the presence or the operation of 
other spacecraft systems. Consideration must be given to several factors: 

(1) Electrical interfaces with the spacecraft electronics and power system by means of ground 
currents, electrostatic discharges, magnetic fields, and electric fields 
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(2) Mechanical interfaces — including stability, rigidity, and effects of mounting and demount- 
ing, alignment and access, and thermal expansion 

(3) Thermal interfaces between the gyroscope and spacecraft (heat transfer by conduction or 
radiation) 

(4) Radiation interface with radioactive* devices (nuclear power or calibration sources) 

(5) Interfaces with the* gyro test equipment. 

The specification of output signal format (either digital or analog) should be based on an evaluation 
of the amount of signal processing to be performed and the extent of analog-to-digital or digital- 
to-analog conversion required. The data rate and quantization levels for digital signals must be 
adequate to represent the expected input rates over the entire instrument range. 


3.3 Gyro Selection 

The selection of a gyro for a specific application must be carefully exercised by means of an 
iterative, parametric tradeoff process. The type of gyro should be tentatively selected by consider- 
ing the basic input, output, performance, and reliability requirements for the application. Fore- 
most consideration should be given to gyros which have a proven record in similar applications. 
The choice of spinmotor design (ball or gas bearing) for a given mission should be based on an 
evaluation of the history of proven bearings in view of system requirements. Where proven types 
of gyros require substantial modification to meet the mission requirements or provide inadequate 
performance margin, consideration may be given to the use of new types of gyros. The overall 
gyroscope precision must not be overspecified but should be consistent with the error budget 
allocated to the gyro. 

The gyro should operate satisfactorily in the mission environment and should minimize suscepti- 
bility to factors inherent in the operational environment and the vehicle installation, including 
various interfaces and design tradeoffs between the gyro and the spacecraft, the spacecraft 
environment, and the interference sources. 

Gyro parameters and performance specifications should be realistic in relation to the system require- 
ments and consistent with manufacturing feasibility. To the extent possible, IEEE standards should 
bo followed in establishing all component specifications. The characteristics of individual gyro 
components should be examined for compatibility and for assurance that the properties of one 
component do not unnecessarily constrain the selection of other components. The gyro specifi- 
cation should define the susceptibility of each component to degradation in operational and test 
environments to insun* reliable performance throughout the mission. 


3.4 Reliability 

Stringent quality control and extensive (nullification testing of gyroscope components and the 
assembled gyro should be considered as primary methods of maintaining reliability. If statistical 
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data is available from a sufficiently large gyro population, this should be considered as the primary 
indicator of that gyro’s reliability. Otherwise, histories of failure modes shall be maintained to 
determine areas in which the gyros reliability can be enhanced, and system monitors of the gyro 
should be specified to obtain trend indicators that provide a complete gyro profile history on an 
individual basis. Changes caused by component degradation, manufacturing, and environmental 
effects should be determined and evaluated. 


The operational lifetime of the gyroscope should be adequate for the mission reliability require- 
ments and should be demonstrated by approved analyses and tests. For critical applications, redun- 
dancy at the system or gyro level should be considered to achieve the reliability requirements. The 
gyro system should be as insensitive as possible to electrical malfunctions and transients in other 
subsystems. A major factor limiting operating life is gyro spin axis bearings, and since their 
integrity is difficult to predict and verify, all aspects of their performance should be of concern. 
The regulated temperature, if required, should be as low as possible for the system application 
since elevated temperatures tend to reduce gyro life. Shelf storage and transport modes should be 
adequately controlled to prevent damage to the gyroscope. Periodic testing and reorientation of 
gyros in storage should be conducted. These nonoperational modes should be constrained to safe- 
guard the gyroscope with respect to all other mechanical, thermal, and magnetic environments 
as well. 


The importance of the human factor must be appreciated by both gyro and system designers. 
Controls should be required to preclude gyro damage or performance degradation resulting from 
shock due to careless handling, temperature extremes due to unprotected-controller failure, con- 
nector abuse, and magnetization due to improper choice of checkout instrumentation. 


3.5 Testing and Evaluation 

A comprehensive* testing program including in-process, performance, and environmental tests 
should be conducted to sufficiently establish that the gyroscope performance parameters are within 
specifications under all expected operating conditions. Test requirements for any gyro should be 
carefully specified in the gyro-to-system interface specification as well as in the gyro specification. 
A definition of the relationship between the test electronics and the system electronics should be 
included in the specification. Provision should be made early in the program for gyro system 
monitors, with special emphasis on diagnostic tests that may be necessary, especially at higher 
levels of integration in the spacecraft. Because of their impact on gyro design, test procedures 
and associated system interface decisions concerned with the inclusion of wheel-speed verification 
or other operational monitors and optimized system power sequencing must also be made at an 
early stage. Consideration must be given to “pyramiding” tolerances; i.e., test limit tolerances at 
any level should be narrower than at each subsequent level. 


The test environment for ground tests should simulate the operational environment as closely as 
possible, with allowance 4 in interpreting the results made for any differences. All completed gyro 


55 


packages should be subjected to acceptance tests to verify conformance to the specified parameters 
and interface requirements. Engineering evaluation tests, including environment tests, and quali- 
fication tests should be conducted on as many units as practicable. 


If possible, complete systems tests should be performed using operational flight electronics. Means 
should be provided to verify the correct operation of all features of the gyro package, including any 
redundancy or repair mechanisms, after its installation in the spacecraft or in a fixture that dupli- 
cates the spacecraft installation. Spacecraft integration system tests should verify compliance with 
the gyro system interface and performance specifications. The gyro package installation and 
operation should he evaluated by calibration and alignment tests. 


During prelaunch checkout and flight, critical gyro performance indicators should be continuously 
monitored. Provisions should be made for prelaunch alignment relative to the established reference 
frame and for realignment during flight in the event of loss of reference. Means should be provided 
to detect gyro failures, and consideration should be given to the prediction of potential failures. 


4. RECOMMENDED PRACTICES 

It is imperative that personnel from gyro component and system design groups, as well as other 
concerned groups, work closely together throughout the gyro design or selection and development 
and participate in all tradeoff decisions. Changes should be avoided if possible, since there are 
no "minor” changes to gyro design. Any gyro design change should be thoroughly qualified in the 
gyro and in the system. Experience has shown that the development sequence should involve 
(1) using the best analytically established design possible, (2) putting the gyro in the field in large 
numbers, (3) establishing a vigorous field-failure investigation procedure, (4) determining the 
field-failure modes and their causes, and (5) continually correcting the design and manufacturing 
procedures to eliminate nonrandom failure modes. 


Thus the preferred gyro would be one of a mature design which fits the applicable performance 
requirements, has been proven in the field, and is currently in large-quantity production by a 
reliable gyro manufacturer. 


4.1 Applications 

The functional purpose of a gyroscope for a specific application should be clearly defined in the 
earliest mission planning stages so that the required gyro model and system configuration can be 
selected. The control modes, environments, and system performance and interface requirements 
which constrain the gyro application should be carefully defined for each mission phase (prelaunch 
checkout, boost into orbit, orbit change, velocity corrections, entry, etc.). 
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4.1.1 Mission Objectives 

Generally, gyros used to provide reference frames for guidance or navigation should be of high 
accuracy, with uncertainty drifts of less than 0.1 deg/hr. These could successfully be configured 
in either a platform or a strapdown system. In the strapdown configuration, the same gyros 
should be considered for use as the controlling rate gyros. 


For most vehicle stabilization purposes, relatively inexpensive spring-restrained rate gyros should 
have sufficient accuracy and stability. For some critical stabilization loops, for example, where an 
order-of-magnitude drift performance improvement is desired as compared to the spring-restrained 
gyros, a small rate-integrating gyro operating in the rate mode is recommended. It is generally 
true that gyros should be vehicle-frame-mounted where stabilization signals are desired. Gyros 
used for attitude reference should be typically of medium quality, with drift uncertainties in the 
range of 0.1 deg/hr to a few degrees per hour. 


Gyros should be considered for rate-aided tracking applications and in systems requiring a 
pointing reference or memory. In general, these gyros should be accurate in sensing high- 
frequency rotation, but they may be subject to low-frequency drifts as high as several degrees 
per minute. 


Consideration should be given to using gyro stabilized reference data outputs for reconstructing 
the flight history of a space vehicle. The data may be recorded by an onboard device which is 
later recovered or telemetered during flight and recorded at the receiving installation. In either 
case it may be necessary to multiplex the gyro data with other information (accelerations, tem- 
peratures, etc.), in which case the bandwidth of the desired gyro data must be specified. 


4.1.2 Environment 

The gyro applications engineer should be able to define with considerable accuracy the environ- 
ments his units will have to undergo. Mission duration and acceptable lifetimes should be 
established. The durations, magnitudes, and combinations of vibration, acceleration, shock, 
temperature, pressure, radiation, and other environments should be predicted to the highest 
degree possible. The gyro user should attempt to tabulate each aspect of the anticipated environ- 
ment as a preliminary guide to the system specifications. This can often be accomplished most 
conveniently as a function of the mission phases. An example of such a tabulation is presented in 
table 8 for a typical earth-orbital spacecraft. 


In defining the environment specifications, two conflicting cost-oriented factors should be con- 
sidered. The total cost of the space mission including design, hardware, booster, launch facilities, 
and services is so great that some margin should be included in the environment specification as a 
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TABLE 8. — Example Tabulation of Typical Gyro Environment as a Function of Mission Phase 





Mission Phase 



Environment 

Prelaunch 

Boost 

Orbit 

Insertion 

Orbit 

Course 

Correction 

Acceleration 

2g 

11 g max. 85 sec 

17 g max, 43 sec 

Os.lyr 

0.6 g, 5 sec 

Angular rate 


± 3 deg/sec, 

control 

4 dcg/sec 

240 deg/hr, 1 yr 

± 1 deg/ sec, 
1 min 

Shock 

50 g, 11 msec 


240 g, 0.3 msec 



Thermal 

— 18 to 60°C 

15-38°C 

1 5-38 ° C 

1—47 C 


Magnetic field 

3 ±0.6 X 1(H T 
( Tracker and 
earth fixed ) 

3 ±0.6 X 1(H T 

^3 X 10-* T 

^3 X 10- * T 

=:3 X 10- ‘ T 

Life service 
Start-stops 

1 000-hr testing 
200 

Nonoperating 

Nonoperating 

Continuous 
9000 hr 
6-10 

Seconds 

Vibration 

Sinusoidal 

±5g 
5-50 Hz 

12 g max 
20-2000 Hz 




Random 


15 g rms, 
20-2000 Hz 

15 g rms, 
20-2000 Hz 


4 g rms 
300-2000 Hz 

Slew 

(emergency) 

1.5 rad/sec 



1 rad/sec 


Acoustic noise 


+47 dB above 
ref 

+ 18 dB above 
ref 



Mission success 
probability 

> 0.930 



>0.995 



Recommended test levels : 

(1) Qualification: 150% factor. 

( 2 ) Workmanship vibration all units; ± 2 g, 20-1500 Hz. 

( 3 ) Burn-in, 150 hr: all electronic parts, 120% voltage, 85 °C. 


safety factor. This margin will also enhance the flexibility of the system to accommodate potential 
changes in the mission requirements. On the other hand, in an effort to hold costs down, all truly 
unnecessary environments should be eliminated from the specification. Examples are operation 
over extreme temperature ranges, instantaneous readiness, pyrotechnic shock if not experienced at 
the instrument compartment, and tight mass unbalance specifications for zero-g operations. This 
will also minimize potential delays in relaxing unrealistic requirements if it becomes evident the 
gyro is incapable of passing them, as occurred with Lunar Orbiter for example. The detailed 


58 






specifications should reflect the performance needs of the space vehicle, the vehicle environmental 
profile, and the environmental conditions encountered during storage, shipping, and installation. 


4.2 System Design 

Within the confines of the system-performance requirements, the gyro-to-systein interface has 
elements of flexibility which permit compromise in both the gyro and the system designs. It 
should be recognized that the cascading or arbitrary safety margins by various system engineering 
levels can impose unnecessary demands upon the gyro design. Detailed gyro-to-system interface 
documentation is recommended as a check against such occurrences and to assure realism in both 
gyro design goals and gyro test program requirements. 


4 . 2.1 Platform vs Strapdown Configuration 

The choice of a platform vs a strapdown configuration for a particular application should be the 
result of a careful tradeoff of the advantages of each in the light of the mission requirements. 
A comparison of a number of performance limitations of strapdown and platform systems is 
contained in reference 26. 


Strapdown systems are generally favored for orbital and long-range space applications because 
of the limited angular rates imposed, Boosters and space vehicles generally have maximum rate 
values below 4 deg/sec, whereas sounding rockets and entry vehicles may have roll rates of one 
or two orders of magnitude larger. Sounding rockets are usually spin-stabilized during powered 
flight at 1 to 3 revolutions per second. If measured by a strapdown system, the accumulated roll 
angle will result in a large error, since the dominant measurement error propagates as a function 
of the total input angle. Single-axis platforms should be considered to isolate the gyros from these 
high roll rates. 

Strapdown sensors present maximum angular rate limitations which are not encountered by plat- 
form systems. The strapdown system is limited by the maximum capability of the electromagnetic 
torquer and by the dynamic range desired. The platform can typically accept input rates of up 
to 4,000 deg/sec and is not subject to abort rate dumping as a strapdown system might be. 
Although the space vehicle may normally have maximum rates of around 4 deg/sec, abort situation 
rates may easily exceed 30 deg/sce; a strapdown system for a manned vehicle would require 
protection against such rates. Strapdown systems provide lower cost, fewer parts (i.e., higher relia- 
bility), and weight and power reductions; their major limitations are high torquing-rate require- 
ments, large dynamic range, kinematic rectification effects , and scab' factor uncertainties. 


4.2.2 Alignment and Calibration 

The mounting bracket in the space vehicle should be prealigned to obtain the desired relationship 
between design alignment surfaces and vehicle axes. Particular attention should be provided to the 
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strapdown gyro alignment to the vehicle and to other gyro and accelerometer axes. The mechanical 
bracketry that provides this should permit smooth and stable adjustments when aligning the gyro 
IA to the bracket. It should also clamp reproducibly to the' alignment surfaces on the strapdown 
system package. An IA indexing scheme with a limited adjustment range is recommended to 
preclude 180°-IA positioning errors. 

Preflight alignment of the stable element of a platform IMU or determination of the initial 
orientation of a strapdown IMU is a standard procedure programmed into the computer and 
carried out with the vehicle at rest. The system axes are erected to the local vertical and aligned 
with true north by gyrocompassing or to a predetermined optical reference directly. Vibration 
or sway of the vehicle may complicate the process, but modern control techniques have made 
fast alignment possible even in severe environments. Normally 5 to 25 min are required for gyro- 
compassing. Practical computation procedures for ground-based and inflight correction of the 
vehicle attitude parameters are presented in reference 84. 

Inflight calibration and alignment will require auxiliary sensors, such as horizon seekers, sun 
sensors, or star trackers, and/or the use of ground-based optical ranging or radar equipment. The 
mechanization to update the calibration and alignment coefficients must include algorithms for 
computing the new values and means for inserting them into the computer or other system mem- 
ory units. 


4.2.3 Signal Processing 

Digital output format is used predominantly for strapdown gyros in current space applications 
for guidance, navigation, and other precise modes (ref. 27). Even low-accuracy stabilization or 
rate damping gyros used in autopilots and vehicle control loops, which have traditionally been 
analog, have more recently been digitally formulated. There is a trend in this direction in line 
with current efforts in the development of all-digital autopilots. 

For precision space guidance and navigation, digital loops have typical quantization values of 
the order of arc seconds or smaller. The maximum clock frequency and switching frequency must 
be sufficiently high to provide for the maximum expected vehicle rates. Typical switching fre- 
quencies are from 50 to 100 kHz. 

Platform gyros almost universally have an analog output format which is used in the gimbal servo 
loops. Special hybrid platform/ strapdown units have been designed for spin-stabilized vehicles 
in which the analog format is digitized for transmission and computational purposes when the 
gimbal motion is locked. When spin stabilization is completed and the vehicle brought to a 
nominally zero rotational rate, the gimbal is locked and the digital output format used. 


4.3 Gyro Selection 

The gyro selection process is an iterative tradeoff procedure involving a hierarchy of competitive 
alternatives and previous decisions. Current and detailed information needed by the systems 
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engineer concerning the elements he is trying to specify should be provided by the gyro sub- 
systems engineer as early as possible. The gyro subsystems engineer should also review the 
intended system application to be able to suggest alternatives to the systems engineer. 

Ideally, the* general process of selecting a gyro for a particular application should be pursued 
through the* decision sequence shown in figure 24. Given the functional gyro requirements for 
the mission, the first step of the gyro customer should be to define and document carefully the 
detailed gyro performance requirements via technical development specifications. Gyro prices 
should be obtained for all competing designs, based on the quantities actually needed plus all 
services, data, quality assurance, inspections, and program and design review meetings as will 
be realistically required on the program. This should permit early selection of the best available 
basic gyro design and preclude unexpected price increases later in the program. 


In the early phases of a design, a number of available gyros might fit the mission requirements. 
However, once a gyro model is chosen, many unique and complex interface details (including 
electrical impedances, outline, weight, connectors, heat sink, and mounting arrangements) are 
irrevocably frozen from the system designers viewpoint. Consequently, the selection of a new 
gyro at a later stage should be avoided, since this will nearly always result in a higher price and 
uncertain reliability. However, to lessen the potential cost of switching gyro types, the initial 
design studies should consider the possibility of such an occurrence. 


The gyro characteristics should be completely evaluated, early in the program, by a thorough 
evaluation test program at the gyro and system levels. Rigid process, configuration, and test con- 
trols should be implemented once the gyro design is released. Adherence to these practices will 
greatly enhance the probability of confidently meeting system design requirements for the gyro. 


Owing to the critical nature of the gyros and the small quantity generally procured for a space 
application, the cost of data, quality control, and services is frequently several times that of the 
hardware itself. The customer should not be forced to accept an inferior gyro by having to choose 
the lowest bidder in a final procurement cycle, since the lowest hardware cost will not always 
yield the least expensive overall program. 


4.3.1 Gyro Selection Tradeoffs 

Many design elements within the gyro are subject to choice and emphasis. Each tradeoff usually 
involves a penalty in terms of size, weight, power consumption, dollar cost and possibly reliability. 
Table 9 lists some of the major tradeoffs by penalty incurred and gyro parameter affected versus 
the desired quantity. 


A much-debated tradeoff which frequently recurs on new gyro applications is the choice of ball 
vs gas spin bearings. The following considerations are presented to illustrate gyro tradeoffs in 
general, and specifically to provide suggestions for spin bearing selection. 
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Figure 24. -Gyro selection process. 

If a specific gyro is under consideration, the performance history of its existing spin motor bearings 
should be evaluated using the specification as a criterion. Only if there is reason to change should 
the bearings be leplaced. When equivalent designs are available, a gas spin bearing gyro will 
tend to exhibit less high-frequency noise and will not be as likely to exhibit narrow-band noise 
due to ball race imperfections and lubricant migration. However, if sufficient averaging time is 
available, a numerical filter can be- used with ball bearing gyros to reduce the narrow-band error 
variance by l/(tiine)-. 

When considering a gas spin bearing, the system engineer should carefully investigate the avail- 
able starting torque. It is suggested that the initial spin motor torque available be approximately 
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TABLE 9. — Major Gyro Tradeoffs 


Desired Quantity 

Gyro Parameter Affected 

Penalty Incurred 11 

High performance ( low 
drift uncertainty ) 

Angular momentum 

Size, weight, wheel power, low torquing range 


Magnetic shielding 

Size, handling care 


Thermal control 

Size, power, electronic controller, possible 
electrical noise 


Low torque suspension 

Size and power ( for active suspensions), flotation 

Low noise 

Wheel bearings, pickoff 
characteristics, electrical 
shielding 

High signal-to-noise design, design cost and/or 
choice limited to matured design 

Low heater power ( for 
given swing in heat sink ) 

Mounting and insulation, 
gyro materials thermal 
match 

High operating temperature ( decreased reliability 
and life ) , if unheated, compensation networks 
are penalty 

High torquing range (e.g., 
strapdown ) 

Angular momentum, 
torquer size including 
magnet dynamic range 
capability 

High power, size, weight, intermittent heating of 
gyro, possible reduced performance at low 
torquing end of range 

Long life 

Wheel bearings, hermetic 
seals, materials 

Possible reduced testing allowance prelaunch, 
choice of proven gyros limited, low operating 
temperature 

High reliability 

All parameters 

Choice of proven gyros limited 

Precision alignment 

Gyro mount suspension, 
thermal paths, gyro 
material, stability 

Mount and alignment time 

a In addition to cost. 


twice that required to start the gyro to allow for an increase in required starting torque during 
the life of the gyro. This will normally result from migration or gradual lubricity change of the 
boundary lubricant with time, the condensation of volatiles in the gas spin bearing and, in the case 
of a ceramic or ceramic-coated bearing, the presence of particulates. A zero-g environment pro- 
vides a significant additional margin since considerably less starting torque is required (ref. 85). 

In the case of the ball bearing, the difference between starting and running torque is considerably 
less; however, margin must be available here also to provide for an increase in average and peak 
running torque with time, due primarily to lubricity changes and increased ball-retainer friction. 
Both types of bearings exhibit compliances leading to g~ errors. However, the gas spin bearing 
is normally not as stiff as a preloaded ball bearing, and hence the magnitude of the g 2 (and higher 
order) nonlinearities is likely to be greater than for a ball-bearing instrument of similar design. 
All gas spin bearings exhibit the phenomenon of a load capability reduction at half rotor speed 
frequencies. The use of “antiwhirl” pockets in cylindrical gas bearing designs significantly im- 
proves this minimum capability (ref. 86). 
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4.3.2 Compatibility With Performance Requirements 

Determining the compatibility of gyro performance to system and mission requirements is a 
process which should be continuous from the preliminary study phase onward. The recommended 
practice involves comprehensive liaison with the gyro vendor by visits or residence for the fol- 
lowing: 

(1) Precontract Phase 

Vendor survey 

Preliminary specification review 
Proposal review — fact finding 

(2) Control Phase 

Preliminary design review 

Progress report meetings 

Critical design review 

First article acceptance 

Qualification testing 

Special test equipment acceptance 

Performance data reviews 

Field support 

Failure analysis reviews 

Reliability reviews 

Summary project review. 

The critical time of gyro selection and program success is primarily determined by the precontract 
phase and early contract phase. 


4.3.3 Component Specifications 

Principal responsibility for certain gyro specifications belongs to the systems engineer. Among 
these are allowable performance tolerances, cost, size, weight, power and environmental con- 
straints. The gyro engineer should be aware of all impacts of possible detailed specification 
changes. A suggested approach is for the systems designer to identify “primary” and “secondary” 
parameters, along with a third priority level of “desired features” in his gyro specifications. This 
procedure will aid the gyro engineer in making the gyro selection and application more cost- 
effective. If these priorities are not well-established, the systems and gyro engineers should deter- 
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mine through direct discussion the importance of each gyro parameter. This process is often 
enhanced by a project engineer who is familiar with both the systems and component require- 
ments. 

The gyro vendor proposals should include qualification test proposals, shelf-life and running life 
data, and MTBF and other parametric values from specific experience and production history. 
A number of indicators of a gyro manufacturer’s ability to perform are available and should be 
evidenced. These include: 

(1) A history of good performance on similar space programs, along with verified results which 
were attained in the field by the hardware previously produced 

(2) Indication of management, organization, and manufacturing capability willing and flexible 
enough to be responsive to a small quantity order for very high quality, heavily docu- 
mented instruments 

(3) A capable and experienced person designated and empowered to accept the full range of 
program management responsibility and with the authority to manage the program 

(4) Evidence that the quality assurance and reliability groups are recognized in the organiza- 
tion and have demonstrated competence in surveillance and monitoring of a space appli- 
cation instrument program. 

Two guides are recommended for preparation of the detailed component specification: 

(1) MIL-STD-143A (ref. 87) 

(2) IEEE Standard 292 (ref. 10). 

These documents are well-founded on experience and are widely accepted throughout the indus- 
try. They provide an outline of topic paragraphs which should obviate any serious omissions and 
which should promote familiarity by both author and reader with the specification sequence. 


4.4 Reliability 

Reliability should be one of the foremost concerns of the gyro designer or user. It is recommended 
that gyros be selected from an operating production line fabricating units of the quality class 
required. Any change from a previously approved article in the gyro package or a manufacturing 
process should be treated with extreme caution. For example, even damping fluid change can 
cause major yield problems. 


Traceability requirements on all gyros should be established to preclude voids in gyro history 
during testing and handling. The importance of these requirements increases with program size; 
oversights can result in acceptance of marginal gyros as well as in rejection of good gyros. Failure 
analysis of all faulty gyros should be conducted to determine the mechanisms that precipitated 
the failures. A statistical evaluation of the analysis findings should be used to establish more 
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quantitative specifications for identifying the onset of failure and to revise estimates of the remain- 
ing useful life of gyros still in service. 


If budget and schedule permit, it is recommended that several spare gyros be procured. Benefits 
that can result from this practice include: 

(1) Selective choices of “blue ribbon” instruments can provide increased probability of mission 
success. 

(2) A number of gyros will be available for life-testing purposes at the gyro facility. These 
units can be exposed to all environments which can or will be experienced by flight units. 

(3) Failures or degradation indications in life test units will allow for complete teardown 
analysis and failure mode identification. 

(4) Failed units can be rebuilt with design improvements incorporated, often at lower cost. 

(5) The gyroscope manufacturer and user will have available complete reliability data to 
provide assurance that the gyro can meet system demands. 


The effects of storage on gyro reliability should not be ignored. The following storage conditions 
can affect the drift performance of a gyro and should be carefully specified: 

Temperature extremes 
Instrument attitude 

Applied excitations (i.e., suspensions might be operative) 

Length of storage time. 


It is recommended that gyros be operated periodically while in storage. If inertial parameter 
changes occur after nonoperating periods, further operation of the gyro prior to rechecking 
characteristics may be advisable. Storage-induced shifts in drift level and stability should be 
considered in the test routines set up for the system and in the evaluation of gyro operation in 
the system environment. 


The following reliability-related practices are recommended as the result of experience to pre- 
clude problems in future programs: 

(1) The gyro exterior should be protected from possible deterioration sources, including gaseous 
environments, salt spray, humidity, and similar sources. 

(2) The gyro connectors should be protected by attaching “stub” connector mates at the earliest 
feasible time and removing the tooling connectors only for assembly to the system. 

(3) Safeguards should be imposed to protect the gyro from electrical parameters or coefficient 
changes through careless use of ohmmeters, spin motor phasing, etc. 

(4) The use of polarized connectors with male pins on the gyro is suggested to protect system 
electronics. 
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(5) The system designer should be cognizant of hazardous gyro excitation levels. His electronic 
design reviews should include checks to verify that electronic failure will not catastroph- 
ically affect the gyro. 

(6) Electrical monitors of the gyro should not impair gyro performance or require circuit 
breaking and making procedures in the system. 

(7) Systematic gyro drift induced by cable-resistance changes (associated with wheel, suspen- 
sion, torquer and pickoff drives) due to temperature cycling should be reduced to acceptable 
levels by use of large conductor sizes, multiple conductors, or techniques which include 
the cables in the power-supply feedback loops. 

The advantages and drawbacks of gyro redundancy should be carefully evaluated for each appli- 
cation. Factors which should be considered include increased system power requirements for 
operating spares, potential startup problems of unpowered spares, switching mechanisms for gyro 
outputs and power inputs, implementation of failure detection and isolation algorithms, and 
increased weight and volume. The number of redundant gyros required depends on the specified 
probability of mission success, the MTBF of the individual gyros, and the redundancy configura- 
tion applied. A skewed configuration should be considered in which each gyro measures a vector 
contribution from each vehicle axis, together with a means of resolving these vectors and com- 
paring them. The reliability of several such configurations has been compared in figure 9 Section 
2.5.2. 


4.5 Testing and Evaluation 

The gyro performance should be frequently tested, monitored, and evaluated during the entire 
sequence from fabrication through flight. Prior to flight, it should be measured not only in the 
laboratory environment but also in as close a simulation as can be obtained of the actual system 
and vehicle environments. Failure to do this can result in costly modifications to the components 
themselves or to the inertial platform or strapdown package and electronics circuits later in the 
program. Consistent test results demand extreme thoroughness in specifying adequate controls 
over switching, on-off control, well-defined initializing procedures, and gyro-data accumulation. 


4.5.1 Test Planning — Specifications 

The testing program should be designed to provide assurance that the gyroscope component or 
system package complies with the detailed specifications and to examine its performance under 
the specified environmental conditions and with elapsed time. It should be noted that the system 
package or the gyro is not necessarily subjected to the vehicle amplitudes of vibration, shock, 
thermal conditions, or pressures because of the enclosure and mounting. To prevent unnecessarily 
severe inputs, the gyro or system test requirements should reflect the actual requirements expected 
at system or component interface. 

Prior to the writing of specifications, a performance budget should be established, allotting 
maximum errors at the gyro component interface and at the system mount and output interface. 
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Simultaneously, environmental conditions should be specified for each of these two interfaces. 
The error budget and assigned environmental conditions should be as realistic as possible, with- 
out undue factor of safety allowances. 

Separate test specifications then should be prepared for the system package and for the gyro- 
scope component, each refle cting the performance errors allowable and its assigned environmental 
conditions. The tests should be specified completely, including equipment, test content and 
sequence, test positions, conditions, times and model reduction equations. Sample specification 
formats and test procedures may be found in references 11 and 75. The use of Standard Gyro 
Terminology (ref. 5) is recommended to avoid unfamiliar definitions. It is important that the 
writer be well-versed in details of gyro construction and performance parameters. He should also 
have a practical working knowledge of testing limitations to be able to present applicable and 
attainable testing specifications and also to prevent ambiguous or conflicting specifications. 
Limitations on the calibration of precision gyros due to drifts and oscillations of the test platform 
are discussed in reference 88. Further information on gyro testing methods and limitations may 
be found in references 4, 34, 89, 90, and 91. 


4.5.2 Component Tests 

The most important recommended component testing practice (including acceptance test, environ- 
mental test, or special engineering tests) is that the electronics, mechanical, and thermal mounting 
should duplicate the system interfaces as closely as possible. Suggested procedures include the 
use of holding fixtures that are adapted from the system IMU, production system electronics, and 
heat sinks that are mechanized in the same way as the system's cooling scheme. Generally, the 
precise test content will be different for each application. Gyro fixturing and thermal-environment 
stability should be consistent with required test times and accuracy. Because of practical limita- 
tions, certain gyro tests may be performed with the gyro nonoperating and performance checked 
before and after the specific environmental tests. Gyro test monitors should be nondisturbing by 
design, and test personnel should be trained to minimize gyro disturbances resulting from care- 
lessness or ignorance (e.g., to cause float motion against a mechanical stop). 


Repeated temperature cycling of a gyro prior to acceptance testing, through a range representa- 
tive of the expected life, is recommended to speed up aging and to improve drift stability. At 
acceptance testing the gyro should be configured as nearly like the system-ready gyro as is prac- 
ticable. The acceptance test itself should be based upon a necessary-and-sufficient philosophy 
consistent with the end-item use of the gyro and should be limited to verifying gyro integrity. 
The use of prototype test data should be considered when designing the acceptance test (ref. 92). 


4.5.3 Subsystem Tests 

Subsystem tests of the gyro package should be conducted using as much of the system flight 
electronics as possible. Completion of qualification tests and engineering evaluation tests early in 
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the program is recommended. In addition, qualification tests should provide a reasonable match 
with realistic system requirements. 

Whenever possible, the nominal conditions at the component, subsystem, and system test levels 
should be identical. The relaxation of performance requirements from the gyro test level through 
the various system-integration stages can be determined by experience or by analysis. A frequent 
cause for concern is the variation in performance of the gyro package from the test stand to the 
system caused by differing thermal conditions at each location. If the program includes a large 
number of gyros and more than one manufacturer, the effort necessary to provide reasonably 
identical equipment and testing conditions in all locations is justified. Test electronics should 
employ system designs to the greatest extent possible (electronics meeting system specifications 
is an alternate solution), and gyro-excitation sequencing should conform to system sequencing 
consistent with test requirements. 


4.5.4 System Tests 

The system acceptance and spacecraft integration tests should provide the same critical param- 
eters of gyro performance as obtained in components and subsystem tests. This continues the 
trend information on the stability of these coefficients, which is vital to predicting the system 
flight performance. Careful preplanning and coordination of test procedures, data control, and 
management are essential to the success of this activity. Computerized test systems (e.g., ref. 93) 
are recommended to minimize the possibility of operator errors and to facilitate handling of test 
data. Insofar as is practical the system tests should duplicate the spacecraft connections, mount- 
ing, thermal conditions, and power supply characteristics, so that: 

(1) Gyroscope system tests outside of the spacecraft give valid indications of performance when 
installed in the vehicle 

(2) Connection of the gyroscope system to the spacecraft does not short or damage either the 
gyroscope system or the other elements within the spacecraft 

(3) Gyroscope parameter monitoring is possible both in and out of the spacecraft. 

Since the gyroscope system tests cannot be implemented without correlation with spacecraft con- 
ditions, exchanges of this type of information are required early in the program. 


4.5.5 Test Data Evaluation 

The basic requirements for accurate evaluation of gyro test data are the following: 

(1) The critical performance parameters should be defined. 

(2) The gyro component and system specifications should be indicative of the critical perfor- 
mance specifications. 
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(3) The component and system test procedures and requirements should be in accordance with 
their relative specifications. 

(4) The resulting test (or test-derived) data should indicate the values of the critical perfor- 
mance parameters when reflected back to the gyro component or the system interface. 


Depending upon budget and schedule constraints, all test data, from component tests on, should 
be collected to provide continuous histories of the critical performance parameters for each gyro. 
The trends and stability of these performance coefficients should then be correlated with gyro 
failures and environment data to establish indicators of incipient degradation and to permit pro- 
jections of future changes. 


High-speed computer installations provide an ideal tool for gyro data reduction, compilation 
and presentation and should be considered on all programs. The utilization of computerized data 
processing requires program coordination from the beginning. However, the establishment of test 
data banks which can be readily processed is a powerful aid in evaluation of gyro performance 
and reliability trends and should not be overlooked. 


4.5.6 Prelaunch Checkout and Flight Monitoring 

The systems engineer should establish the criteria for prelaunch checkout with the advice and 
consultation of the gyro engineer. Any space application design review should include a require- 
ment for a detailed prelaunch test procedure. This document should defitie: 

(1) Checkout procedures for gyro subsystem at launch site (go/no-go) 

(2) Failure detection procedures for monitoring during mission. 


In any case, all measured parameters should be compared to previous data taken. In the event 
that a shift in any parameter is observed, the unit being tested should be considered suspect and 
a go/no-go decision should be based on data trends and accumulated history. 


The possible reduction in system reliability due to the monitoring circuitry should be carefully 
evaluated when the monitoring points are being selected. However, a spin motor rotation detector 
should almost be considered mandatory. Consideration should also be given to monitoring the 
torquer current and pickoff outputs. A checkout procedure should be provided so that a test cur- 
rent can be fed to the torquer and the resultant error signal from the pickoff observed. The gyro 
system engineer should evaluate the cost and complexity of establishing additional monitoring 
points and comparison circuitry against the requirements for his application. 
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SP-8011 (Environment) 
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SP-8014 (Structures) 

SP-8015 (Guidance and 
Control) 

SP-8016 (Guidance and 
Control) 
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Propulsion) 
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Space Radiation Protection, June 1970 

Prevention of Coupled Structure-Propulsion Instability (Pogo), October 1970 
Flight Separation Mechanisms, October 1970 

Structural Design Criteria Applicable to a Space Shuttle, January 1971 
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Spacecraft Attitude Control During Thrusting Maneuvers, February 
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Compartment Venting, November 1970 

Interaction With Umbilicals and Launch Stand, August 1970 

Entry Gasdynamic Heating, January 1971 

Lubrication, Friction, and Wear, June 1971 

Solid Propellant Selection and Characterization, June 1971 

Tubular Spacecraft Booms (Extendible, Reel Stored), February 1971 
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Earth Albedo and Emitted Radiation, July 1971 
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Spaceborne Digital Computer Systems, March 1971 

Passive Gravity-Gradient Libration Dampers, February 1971 
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SP-8086 ( Guidance and 
Control) 

SP-8091 (Environment) 
SP-8092 (Environment) 

SP-8095 ( Structures ) 

SP-8098 (Guidance and 
Control) 
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1972 
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Space Vehicle Displays Design Criteria, March 1972 
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Preliminary Criteria for Fracture Control of Space Shuttle Structures, Tune 

1971 

Effects of Structural Flexibility on Entry Vehicle Control Systems, June 
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